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PREFACE 


study taskVeportl*’preplr^^^ Slri^nf^^ Pioneer Venus final report is based on 
of the Pioneer Spacecraft '* Thes^ ^^ormance of the "System Design Study 
Research Center as they were were forwarded to Ames ^ 

The significant results from thes- Ssk report? nine months study phase, 
developed after task report publication dates ® results 

report to provide complete study docm^^^^ 

ally interested in the details omitTed^^ t^fUrr^p^iV^ 
configur^tiLl-”"^^'' describes the following baseline 

• **Thor/Delta Spacecraft Baselinp" <= fi,.. u- !• 

the midterm review on 26 Februar; 1973 Presented at 

• "Atlas/Centaur Spacecraft Baseline" io ii,*. u.. i* 

irthe NAs‘r bjrpHo^To^ec^fpt 

to la:n“fbotr.ra“muufX'e"^^^ -bsaque'nt to d clsiZ 

u.a tha Atlas/Cantaur laTch 4hi<.la! 

• - ‘-b baaali„a 

launch vahicla utUiaattn trad- '= '■»' 

units in Parenthe°Vs'''implies*hrrthB oHn^^^ followed by other 

were made in units other than SI Tho use ^ * ^^^'^tements or calculations 
principal measurements or ^IcVaanoLTer"' mlr " 

Sion factors were obtained or derived tron. NASA SP-70ir(I%9)t“ 
docu.„e.Tt'r; > onsists of ihe foliowu,, 

f 'hOion 
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Volume 2 - Science ~ reviews science requirements, documents the 
smence^pecuhar trade studies and describes the Hughes approach 
for science implementation. -PPioacn 

^ " Systems Analysis - documents the mission, systems, 

fTr systems, and reliability analysis conducted on 

the Thor/Delta baseline design. 

Volume 4 - Probe Bus and Orbiter Spacecraft Vehicle Studies - 
pr e s e nt s the c onf i gu ration, structure, thermal control andTIbli na 
studies for the probe bus and orbiter. Thor/Delta and Atlas/Centaur 
baseline descriptions are also presented. 

Volume 5 - Prob e Vehicle Studies - presents configuration, 
aerodynamic and structure studies for the large and small probes 
pressure vessel modules and deceleration modules. Pressure 
vessel module thermal control and science integration are discussed. 
Deceleration module heat shield, parachute and separation/despin 
a" p^ovrded Ihor/Ddlta and Atlaa/Centaur baseline descripHons 

Volume 6 - Power Subsystem Stu die s 

Volum e 7 - Communication Subsystem Studies 

Vplurne 8 -_C ommand/Pata Handling Subsystems Studies 

9 - Altitude C ontrol/Mechanismr! Subsystem Studies 
Volume 10 - Propulsion / Orbit Insertion Subsystem Studies 

respective subsystems for the 

probe bus, probes, and orbiter. Each volume presents the sub- 
sys em requirements, trade and design studies, Thor/Delta baselinr> 

descriptions, and Atlas/Centaur baseline descriptions. 

- provides the comparison 

between the Pioneer Venus spacecraft system for the two launch 
pre^^ttVd cost analysis dat^ Ts" 

Volume 14 - International Cooperation - documents Hughes sugsested 
alternatives to implement a c ooperative effort with ESRO for the 
orbiter mission. Xiecommendations were formulated prior to the 
deletion of mterna.ticmal cooperation. 


Volume U ~ Preliminary Development Plans 
development and program management plans. 


provides the 


IV 








Volume 14 »• Test Planning Trades -documents studies conducted to 
determine tho desirable testing approach for the Thor/Delta space- 
craft system. Final Atlas/Centaur test plans are presented in 
Volume 13. 

Volume 15 - Hughes IRjl^D Documentation - provides Hughes internal 
documents generated on independent research and development money 
which relates to some aspects of the Pioneer Venus program. These 
documents are referenced within the final report and are provided for 
ready access by the reader. 

Data Book - presents the latest Atlas/Centaur Baseline design in an 
informal tabular and sketch format. The informal approach is used 
to provide the customer with the most current design with the final 
report. 
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1. 1 MAJOR ISSUES jpaceerMt d«isr a« 
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, ror the orbltcr spacecra .. ‘'"f “'^^M/r aro^unVthT" 
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■'■"^ ’’■■^raS the probes and t>'.= ^^j^l'Ster in order ‘d ^^“",„ttal velocity 

t^fthriio^s of d°— “ro^e'M P^rXll'-U ;-tcJhas csaentlallv 

c ost. The to target three, identical s 

from the bus spin trade issues m 

Simulated any ma 3 or config of 

;_ ,.r.fv important . 


e bus spiu „fi„uration trace i®fp-v,. 

elirnmated any major co g ''“‘^‘‘““‘tions • 
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Spin axis o^’’^f.^S scuence experiments throughout the 
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Tht‘ rnerhanical despin approach also offers more options in 
implementation of the dual frequency (S/X band) radio occultation experi- 
ment. Approaches involve mounting a separate fixed X band horn with the 
8 band HC,A or using a dual feed S/X HGA and using it either with an eleva- 
tion drive (azimuth is by the despin system) or by prov-essing the spacecralt. 
The separate X band horn approach is selected on the basis of lowest cost/ 
weight, high reliability, and simple experiment /bus interfaces. 


The radar altimeter antenna selcctio*'. - mechanically or electrorm ally 
stiHired - is influenced by the range or orbit periapsis latitudes required and 
possible associated requirements to deploy the altimeter to provtdt; adequate 
viewing. The electronically-stecred version is easier to integrate in this 
regard, and does not couple to the spinning spacecraft dynamics. The 
requirements of velocity pointed experiments and radar altimeter antcmia 
view'ing near periapsis are both satisfied over range of interest (0 to 60 N 
and S) in periapsis latitudes by mounting the radar antenna on the forward 
(HGA) end of the spacecraft along with the other experiments on the equip- 
ment shelf. The accomodation of a selected periapsis latitude requires only 
the positioning of the antenna at the appropriate fixed angle to the spin axis 
by design of the support structure. 


The magnetometer boom integration trade begins with the reduction 
of spacecraft irduced magnetic field at the sensor with increased boom length. 
The cost of spacecraft magnetic cleanliness and controls over the boom 
length of interest is traded against cost of boom development and issues of 
"long" boom design and integration, s'loh as methods of articulation, deploy- 
ment, stowage, mounting locations, spacecraft dynamics, failure rnodes and 
effect of spin rate, and orbit insertion acceleration. A long (4.4 m), three 
link boom is selected for lowest program cost, best science performance, 
and more favorable failure mode. 


The selection of an orbit insertion motor impacts the configuration, 
since it can be either liquid or solid, and its size is influenced by the desired 
mission flexibility. Mono-liquid approaches are too heavy because of their 
low specific impulse. Biliquid systems are competitive with solids in system 
weight, but are somewhat more difficult to integrate and relatively costly. 
Existing solid motors are available, with some modifications, for all 
(arbiter mission opportunities in 1978 and 1980 and arc selected as the 
lowest cost approach. The central thrust tube of the spacecraft is sized 
to accomodate all candidate motors with modification only of the motor 
attach ring structure. 

The equipment shelf arrangement has been selected as an open sliclf 
rather than a compartmentized approach, The open shelf is structurally 
Uglder, more accessible, and is less constraining in achjeyeinent of mass 
Ijalance, lower liarness weight, and desired power dissipation distri butmn 
for the rmal control. The aft (thrust tube) end of the spacecralt is soJected 
for tiu rmal louver radiation as the four probes liinit use of the forward side. 
The louvers are mounted on the aft side of the siielf on the orbitor to tnain- 
lain l omrnonality with the probe bus. Use of louver- on the aft side and 
,-quiprm nt on the forward side also facilitates access, experiment integration 
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and (h.rmai blanlu-t doy.^n and plai.nm-nt . 'J'lu* sludf tonunonaljl v 
im rra.snd |jy manitainint. idonti. al jn«lallation.s oi thoso Kubs y sttMns 
t'xiicnnicnl s that ar*‘ roninion to both spac t>i raft. 


is furMn'r 
and/ o r 


I n- iluTnial runlrul >,1 probes while on the .spa< cerafi has been eval- 
uated will. the eumbUon that passive thermal surfaee teehniques be used to 
prov.di. a minimum prisssure vessel ternpi-rature prior to Venus cudrv. 

lU'liii^ this eondition produees low probi ttunperatuiu's early in eruise, 
requiring spaec'eraft power to prolu* heaters to maintain aceeptablo non- 
operating temperature levels. An alternate design requires probe heater 
used after separation leading to higher weight and volume in the prohes. 


Beryllivtrn hud been utilized selectively fo 
of spacecraft structure in the Thor/Dclta design, 
the Atlas /Centatir baseline for lower cost and ris 


r required weight reduction 
Aluminum is selected for 

k. 


Matrix-double density subminiature connectors (used on OSO-I) 
using crimped contacts and Z4 AVVG wire are selected in the wire harness 
for lower cost. The alternates include microminiature connectors with 
soldered contacts and 28 AWG wire. 


The final major issue is the selection of the baseline mission set 
of launch opportunities for multiprobe and orbiter missions. NASA- ARC 
has di’*ected that both missions bo planned for Atlas /Centaur launch 
vehicles in 1978, A type I probe launch is planned for August 1978 with 

^ contingency of 

lr>0 kg (330 lbs), winch is 19 percent of the dry spacecraft mass less bus 
science of 13,7 kg (30 lbs). The trade issue involves the trajectory and 
Venus orbit selection for the orbiter. One possibility is an Au<»ust 1978 
launch (type I, 13 N periapsis in Venus orbit), which has a dry mass in 
orbit of 405 kg (892 lbs) and contingency of 35 percent of the dry mass in 
orbit less science of 47.5 kg (105 lbs). The orbiter type I case requires 
a launch within several weeks of the multiprobe mission launch. The other 
opportunity is a type II (56» S) launch in May 1978 which has dry mass in 
orbit of 2 ^0 kg (640 lbs) and contingency of 10 percent. This mission has 
been selected as the orbiter baseline because of better mid-latitude science 
coverage near periapsis and elimination of closely separated launches. 

The HGA mast length has been selected to allow radar altimeter antenna 

higher). For example. 

a 1980 orb, ter type II (26 N) launch has a contingency of 17 percent and 
can be accomodated, by use of the TEM 616 orbit insertion motor (attach 
ring modification) and modification to radar antenna support structure. 

1. 2 BASELINE DESCRIPTION 


The spin stabilized probe and orbiter spac ecraft configurations 
develupcc for launch on the Atlas/Cenlaur arc shown in exploded views in 
Figure 1-1. Ihe comigurations are derived from flight-proven con-imunica- 
tions satellites, particularly the Telesal- Amk and feature a high decree of 
^lUbsystem Iiardwarc rorrmionality . 
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REPROOUGIBIUTY 


Of THE ORIGINXl PAGE 


POOR, 






I 


„ac, ar.. aa».„u.,> 

to the eehpti. ex.^ept for ;;;;.» 

tion, probe releasi', ous t.m y, 

,-po prnnary «tru.tura, 7 ;-^::;" 

orbiter are the central " ^ and the c>S4 em (100 in.) 
xandu ieh equipment shelf. ‘ ^’ ade of b bert-lass face sheets anriaiumiimn. 

diameter solar panel ^ 7 '" 'p bus a t enti’al conical support structure- 
honeycomb core. On the ^JJ^'.hcs to the upper end of the thrust 

with associated secondary Ind Uiree small probes. The lar^e proi.e is 

tube to support the large jiro )c .^mall probes are spin-separated, 

i^eparated axially using springs. 1 _ induc:ed nutation, 

simultaneously , to Telesat) attaches 

On the orbiter, an supports the bearing and power 

to the forward cmd ;necWanic,^lly Cf" 

‘/^‘;r^"o^^^"tVdia.nctorSband^ 

The hydrazine P^opul^ion tanks and feed ar^^ thru^ 

tube. Four radial and two axial ‘hrus^-- - .. 

and three axial thrusters or thrusters provide recundancy m 

structures to the control. A solid-state star sensor, 

trajectory ''” 7 '’® 7 ^"?f”ktTn"angle 0^58 ’ with the spin axis, and sun setisots 

^r,uUcd :,ances. 

On the orbitor, the the thrust 

bus. 

Five probe bus and ^Velocity'*^^^^^ 

principally, on the ®^7*^”^*^J?ciitions*and Venus orbit periapsis latitude, 
positioned for bus f mac^tometer boom is stowed just above 
The three-link, 4.4 m J, is deployed, ccntrifugally, after initial 

solar cylinder on the oerpcndicullr to the spin axis. The elcc- 

spacecraft spinup, m a is positioned with its pointing 

tionically steered radar radar bean, pointing near 

anule at 34“ with the spin ."^^J^^mdrof 66 ^OHicr latitudes arc accomo- 
th^ baseline orbit P^^^P^ W the radar antenna Installatim. 1 he 

datrd by ‘ ^V^lcaRth is sufficient to aliu'v rrpositlon.nR ior a 

hiuh gam antenna ma.-,i icngiu 
pemiapsis latitude of 13 “ without RFl. 

Bvc alfio mountou on the forivar » 

Spacecraft i’^stalla^^ planned for equipment 

.idc of the shelf. Identical s c louver modules are mounted 

rthcTftsiro^tlu^be 
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by radial, ion out of tiio aft spacocraft cavity. The body of the spacecraft is 
i‘iu loscd on all external surfaces (except the outer solar panel cylinder) 
with multilayer aluminized Kapton blankets. In tlie aft cavity, the blanket 
is placc'd over the solar panel cylindei*, the outer thrust tube and tanks and 
the aft shelf with cutouts at each louver module, 

Tlie spacecraft mass summary is shown in Table 1-2 for the baseline 
missions, type I, 1978 for multiprobe and type II, 56® S, 1978 for orbiter. 
The experiment payloads used are those specified by NASA-ARC in April 
1973 and include the recommended 15 percent experiment contingency. The 
orbiter experiment payload has been increased % 2.13 kg (4.7 lbs) to 
account for the current Hughes estimate of the additional mass (over the 
NASA-ARC allowance) required to implement the dual frequency occultation 
experiment. 


TABLE 1 -2. SPACECRAFT MASS SUMMARY 


Item 

Multiprobe 
Kg (Lb) 

Orbiter 
Kg (Lb) 

Bus (dry) 

191. 5 ( 422. 1) 

217. 6 ( 479. 7) 

Large probe* 

• 245. 1 ( 540. 4) 


Small probe (3)** 

190, 8 ( 420. 6) 


Spacecraft subtotal 

627. 4 (1383, 1) 

217. 6 ( 479, 7) 

Contingency 

149. 6 ( 3 29 . 8) 

25. 3 ( t>5. 8) 

Experiments (bus or spacecraft] 

13. 7 ( 30. 3) 

47. 5 ( 104.3) 

Spacecraft total (dry) 

790. 7 (1743. 2) 

290.4 ( 640, 3) 

Propellant and pressurant 

22.4 ( 49.4) 

27.0 ( 59.4) 

Orbit insertion motor 
expendables 



143.3 ( 316.0) 

Spacecraft total (wet) 

813. 1 (1792. 6) 

460. 7 (1015. 7) 

Spacecraft attach fitting 

31. 3 ( 69. 0) 

31.3 ( 69.0) 

j Launch Vehicle Payload 

844. 4 (1861.6) 

492. 0 (1084. 7) 


- Includes 31.6 kg (69.7 lbs) for experiments 
" Inc ludes 2.6 kg (5.8 lbs) for experiments (foi one probe) 


1-7 



2. INTRODUCTION 


’This volume discusses the probe bus and orbiter spacecraft stud.cs 
performed during the Pioneer Venus Systems Design Study initiated 
2 October 1972. The volume content is limited to vehicular aspects, sue 
L sSceLaft configuration, structure, thermal control, and harness. 

Other spacecraft and probe subsystems are discussed in subsequent 

Each" ec,iS> cn these vehicular subjects includes a dt^uss.on 
of requirements, trades studies, a description J°,^r 

the Thor/Delta launch vehicle and a description of the final 
usell^e design. These discussions --«tute the report 

•satisfaction of selected tasks in subsections 2.1, General 1 asks, ana . 
Design in the Statement of Work of the Pioneer Venus Mission Systems 
Design’study, 2-17502, Revision 2, 7 November 1972 and the accompanying 
requirements specification. 

The audy was initiated using the Thor/Delta launch vehicle. Revi- 
sion 2 of the Statement of Work includt^ an 
desicn for the Atlas/Centaur launch vehicle. Use of the 

was predicated on using the greater launch base- 

volume for the purpose of achieving low cost objectives. The two base 
Une designs weJe developed and evaluated, including cost and weight trades, 
a^S presented at the midferm review of the Sy ..terns Design btudy on 
February 26 and 27, 1973. Due to phasing of the 

and issuL at midterm were based to greater extent on the Thor /Delta 
baseline and this is reflected in the final report content. yCe^^^^ 

trades, however, apply in their principal conclusions to the Atlas /Ccntaui 

decign. 

Subsequent to the midterm review, NASA-ARC 
reHirocted the balance of the study effort exclusively to the Atl . / 
baseline with both multiprobe and orbiter missions to be launched mt it 
1«7H opportunities. A modified science experiment payload was 

redirection. The subkoetlon, on Atlas /Con, aur basehne 
n this volume art. therefore, responsive to the April radircet.on. .he 
K ^l<?o in^ ludc siH required, some additional trade studies 

perlinoTto 'th;i Atlas /Centaur desipn. The Thor/Delta bascUne deser.pUe. 
subJeeUons refer to that desisn presented at the m.dter.n review. 
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3. CONFIGURATION 


sion tank installations, crbiter^ The configuration approach includes 

SrrrrSrnfX a^pun a»te„na “-5,S,\^a'‘arem«l”pa“ 

Atlas /Centaur launch vehicles. 


■ d ■ ?abir3"f’^Thn'efeJtfons”J«arting“^^ the''* 

;r,:!•lted^n configuration* with 

ecliptic except for transient perioas are ^oviaea by 

control ana trajectory corrections are 
provided by axial and radial hydrazine taxrusters. 


.he P-be bus targeu the large P^tlfpLir Sin*ei?a“.^rs‘’^nr^ 
'inersiranl ac'quirTlatera^ velocity for target separation from the probe 
bus spin rate. 


The orbiter uses flight-proven 

the parabolic ^^gh g^n antenna Wwar £ £j^g occultation experi- 

is rnountea with the HGA AUas / Centaur basedine l^ poeitlonea to 

ment. An electronically steere p < solid propellant rocket motors arw^ 

various orbit peria^sis latitu^ orbit' insertion impulse required for 

available to accommodalc t - ,„tf.es studied. The magnetometer 

-S'*' 

for the spacecraft. 


insta,li.fg^ommrh^a;1re1IVtt*b^ 
spacecraft balance and thermal design. 
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Spacecraft weight waa a, substantial problem with the Thor/ Delta 
launch vehicles. Relatively expensive weight reductions were implemented 
in the midterm design to attain even marginal weight contingency of 6 to 7 
percent for either mission. The reductions involved use of beryllium in 
spacecraft and probe aeroshell structures and large scale integrated (LSI) 
circuits in spacecraft and probe command and data handling subsystems. 

In contrast, the Atlas/Centaur contingency was over 20 percent for the 
allowable launch mass and mission sets applicable at midterm (probe, type 
I, 1977; orbiter, type I, 1978). 

In April, experiment payloads were revised, probe and orbiter 
launches were both planned for 1978, and allowable Atlas/Centaur payload 
was increased by 75 kg (165 lb). The trade of type I vs. type II trajectories 
and associated periapsis latitudes was reviewed for Atlas /Centaur and re- 
sulted in selection of type I for the probe mission and type II, 56° S periapsis 
for the orbiter. The launch weight contingency for the current baseline 
mission/spacecraft design is 19. 3 percent for the probe mission and 10. 4 
percent for the orbiter mission. 


3. 1 REQUIREMENTS 

The spacecraft designs for the two proposed Pioneer Venus missions, 
probe and orbiter, are influenced by a combination of requirements imposed 
by several areas. While some of these are common for both missions and 
can be accommodated in similar fashion, others are unique to each space- 
craft. 


The initial requirements on the designs are delineated in the Systems 
Design Study Specification and Statement of Work. These doc\oments direct 
that for both missions the spacecraft shall be spin stabilized, and provide 
maxunum commonality between probe bus and orbiter spacecraft systems 
and subsystems consistent with mission objectives and performance require- 
ments. 


On the multiprobe mission, the large and small probes and the probe 
bus are targeted to the desired impact sites by orienting the probe bus to 
the desired direction. The large probe is separated in an axial direction 
relative to the spacecraft, the small probes are separated in the same direc- 
tion but are given a lateral component of velor.it/ from the spacecraft spin 
rate («70 rpm at separation). Therefore, the configuration must provide for 
interference-free axial and lateral separation paths for the four probes and 
the ability to change spin rate. Also, the small probes must be arranged 
symmetrically about the spin axis for static and dynamic balance which 
results in a symmetrical targeting since, for effective separation, the small 
probes must be separated simultaneovisly. A final reorientation is made 
for targeting the probe bus for entry with spin axis orientated along the 
earth line and close to the velocity vector. 

P'or the orbiter mission the selection of a type X or type II transit 
trajectory determines the size of the orbit insertion motor that must be 


ai commodated by the configuration. It aJso establishes the range of periapsis 
latitudes that are available. The selection of a latitude establishes pointing 
angle requirements for those experiments that desire orientation in the 
direction of velocity at periapsis or for the radar altimeter which points 
along the planet radius vector. 

A nominal payload of science experiments was established for each 
mission and these are discussed in Volume 2. Most of the experiments have 
desired line of sight angles relative to the spacecraft and need unobstructed 
fields of view to permit their proper operation. Also, the neutral mass 
spectrometer, assumed to be of the magnetically focused type, must be 
located remotely from those instruments affected by a magnetic field such 
as a magnetometer, retarding potential analyzer, electronic temperature 
probe and ion mass spectrometer. These requirements thus impose limita- 
tions to the locations of the experiments on the spacecraft. Velocity oriented 
experiments must be installed on the probe bus for proper attitude during 
bus entry and on the orbiter for near -periapsis operations. 

The final spacecraft configuration is the end result of integrating the 
subsystems necessary for accomplishment of the mission. The individual 
subsystem requirements, mass, volume, and form factor and their inter- 
action with each are all factors to be dealt with in establishing the best 
arrangement. For subsystem units that are to be shelf mounted, considera- 
tion must be given to their locations for reasons of mass balance, thermal 
distributions, interconnect harness lengths to minimize line losses, in 
addition to functional arrangement. The need for maintaining unobstructed 
fields for attitude control sensors and rf antenna beams, prevention of solar 
array shadowing, clearance from motor exhaust plumes, are some of the 
requirements affecting the external arrangement. 

Two different launch vehicles are considered, Thor /Delta and the 
Atlas /Centaur. The major areas of constraint to the spacecraft for each 
launch vehicle as shown in the Design Study Specification Appendices C and 
D, are noted in Table 3-2. 


3. 2 TRADES 

The principal trade considerations in development of the probe bus 
and orbiter spacecraft configurations are presented in this subsection. •* 
Most of these trades v/ere conducted for Thor/ Delta design conditions, how- 
ever, most of tlie results apply to Atlas/ Centaur versions. Additional 
trades performed specifically for the final Atlas/ Centaur baseline design 
are discussed in subsection 3.4. 

Ax is Orientation 

Spacecraft spin axis orientation is a driving factor in configuration 
and subsystem design On the orbiter, orientation is critical to the viewing 
direction of the science experiments over the Venusian year. The science 
coverage and mission trades of this .selection are discussed in Volumes 2 
and 3, The spacecraft design trades are summarized in this voUune. 


TABLE 3-2. 


CONFIGURATION CONSTRAINTS IMPOSED 
BY THE LAUNCH VEHICLES 


Configuration Constraints 

Thor /Delta 

Atlas /Centaur j 

Maximum probe bus 
payload mass (includes 
spacecraft r.dapter) 

Maximum orbiter pay- 
load mass (includes 
spacecraft adapter) 

Maximum payload 
diameter (launch 
configuration) 

Spacecraft c.m. alignment 
(launch configuration) 

405, 65 kg (894. 3 lb) 
(includes telemetry 
unit) 

314. 38 kg (693. 1 lb) 
(includes telemetry 
unit) 

218. 4 cm (86. 0 in. ) 

c. m. offset to space- 
craft centerline no 
greater than 0, 38 mm 
(0. 015 in, ) 

844, 4 kg ( 186 1. 6 lb) 1 
492 kg (1084. 7 lb) 

266. 7 cm ( 105 in. ) 1 

Not specified 1 

Spacecraft inertial axis 
alignment (launch 
configuration) 

Principal axis of 
inertia tilt not 
greater than 0, 002 
rad (0. 1 deg) 

1 Not specified 

Launch vehicle spin rates 

Spin rates up to 
100 rpm 

Spin rates up to 
12 rpm - optional 
(if Delta spin table 
and adapter used, 
spin rates up to 
120 rpm -optional) 

Maximum center of mass 
height above separation 
plane 

107 cm (42 in. ) for 
408 kg (900 lb) pay- 
load on 63, 5 cm 
(25 in. ) adapter 

Not specified 

Adapter or attach fitting 
interface diameter options 

1 . 

45. 7 cm (18. 0 in, ) 
63. 5 cm (25. 0 in, ) 
94 cm (37,0 in. ) 

94 cm ( 37. 0 in, ) 
113 cm (44. 5 in, ) 
140 cm (55. 0 in. ) 
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FIGURE 3-2. PROPELLANT REQUIRED FOR 
EXPERIMENT ORIENTED ATTITUDE 
MANEUVERS 
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TABLE 3-3. OR BITER SPACECRAFT MECHANIZATION /SYSTEM 

DESIGN COMPARISONS 



Z) .Simpler power and thermal design 

3) lAJwer weight 

Spin axis perpendicular to ecliptic is used on the probe bus spacecraft 
in cruise phase for commonality with the orbiter spacecraft. Off-normal 
•' angles occur only transiently for trajectory correction, probe release 
.laneuvers, and during bus entry. 

High Gain Antenna Approaches for t he Orbiter 

The orbiter spaceciaft requires a high gain antenna for data trans- 
mission in Venus orbit. The trade consideration between mechanically 
despun antenna (MDA) or electrically despun antenna (EDA) approaches has 
been evaluated in Volumes 3 and 7. The impact on spacecraft configuration 
and weight will be reviewed herein. The principal trades were made for 
the midterm Thor /Delta design, but the conclusions apply generally to the 
Atlas/Centaur version. 

A comparison for the various antenna approaches, based on signifi- 
cant performance parameters and relative weights, is shown in Table 3-4 
for the Thor/Delta design. The common performance parameter used was 
to design each system to essentially the same ERP. 

The MDA candidate configuration designed for spin axis perpendicular 
to the ecliptic is described in subsection 3. 4. The MDA is a focal point fed, 
8Z. 5 cm (32. 5 in) diameter, 23. 5 dBi gain, parabolic reflector antenna. Two 
configurations using alternate EDA approaches are shown in Figure 3-3. 

The EDA preliminary designs are taken from a Texas Instrument Study. The 
separate EDA design is similar to the TI nominal. The integrated EDA is 
built into an extension of the solar panel. 

Also shown in Table 3-4 is a summary of parameters obtained from 
ARC for a Philco-Ford SMS antenna adapted for Pioneer Venus. The weight 
trade shows the MDA baseline and separable EDA design as comparable. The 
integrated EDA solar panel design appears to offer no real advantages and 
complicates somev/hat the commonality of the solar cell array cylinder with 
the probe bus. The weight penalty of the SMS design is prohibitive for the 
Thor/Delta mission and is significant for the Atlas/ Centaur type II 1978 
orbiter mission. 

A summary of other selection factors is listed in Table 3-.‘>. The 
despin system consisting of the bearing and power transfer assembly (BAPTA) 
and the deapin control electronics (DCE) has been used on many Hughes flight 
.spacecraft with a rnission lifetime up to 7 years. The MDA approach, there- 
fore, represents flight-proven technology. It is estimated that the cost of 
development of an EDA would equal or exceed cost of providing the MDA sys- 
tem. The MDA also will accommodate, relatively easily, radio science 
capability .sucli as two dimensional steering or dual-frequency occultation. 
Based on the factors presented, the MDA has been selected in the orbiter 
configuration baseline. 
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the planet will be scanned in azimuth once per spacecraft 
the planet subspacecraft surface to be mapped. 


revolution, 


permitting 


ARr methods of implementing the elevation scan were given by NASA/ 

ARC. One uses a focal point fed elliptical paraboloid for the antenna and ele 
otner^ooH^^”® provided by a mechanically driven single axis gimbal. The 
plane. "" ^ electronic beam steering in the elevation 


mechanically steered antenna must be positioned on the spacecraft 

swS bv thrrff"/°"r ^eam but also assure the voW^ 

Jthl scan is clear. In addition, the mass movement 

of the antenna during scanning must be considered in the spacecraft dvnamicfi 

n7/ri’ 1“' steered radar antenna only require, the J^Tam 

. ff *^5^* clear, and since no mass is moved during the operation it 

has no affect on spacecraft dynamics. The electronic scan planar arrai was 

dynamic a«ec.VmXTpIcecit “* integration and 

version^?th7 ralrYntenti" wSti^Jirang^uJ ZT.tr peri 

apsis orbit. Also shown in Figure 3-5 is the forward installation of an ^ 

laUtiTe7er\^^^^ higher 

thP dir^a^H^ spacecraft orientation in orbit is such that the forward end is in 
direction of velocity at periapsis to accommodate other science experi- 
ment pointing requirements. Hence, the radar antenna line of sight in^tilllv 
desires to be offset from the spin axis in a forward direction. The planar ^ 
rray can be located on either the aft or forward end of the spacecraft An 

sch’L?? would need I deplo^ent 

scheme to place the antenna outside the solar panel periphery to maintain an 

S Ut™ ' tL ri^ T”/" Plane’ior'au b"u. ne^reTuUor. 

inrr^^l; i' required extension gets greater with increase of latitude 

ncreasxng dynamic balance problems. Another area of concern for aft 
installation is insertion motor plume heating, necessitating thermal protection. 

i.ff ^ I»^stalling the antenna at the forward end of the spacecraft will permit 
above 4 deg to be accommodated without requiring deployable^ 
and ehrmnates potential plume impingement problems^. In addition 
the dynamic balance problem is minimized because the antenn^is nearer fhJ 
spacecraft canter of gravity. Howaver. thla location Lea '^ 001/0 a higher 

”rr‘,r ' The maximum malt length 

mc.rt.ase is associated with type I near equatorial latitudes and is estfinated 
to be approximately 4.. 7 cm (id i„). Thl higher latiiudea r^ulL feta ma.t 

.a baseline, the radar antenna is installed on the for- 

ard end of the spacecraft, eliminating deployment mechanisms plume 
heating protection, and reducing com.tSrbalancing which rn^nimiVe w^ 
complexity. An additional benefit from the forward installation is reafized if 
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it becomes desirous to change the transit trajectory from type II - 26° N 
periapsis latitude to the southern range of latitudes or to type I near equa- 
torial latitudes since this change in latitude can be accommodated by the 
antenna with no difficulty. For southern periapsis latitude, the spacecraft 
orientation is inverted and, in orbit, the HGA, radar altimeter and star 
sensor would be toward the northern hemisphere. For latitudes higher than 
the baseline selection, the HGA mast can either be reduced in overall height 
or left unchanged, and for latitudes below 26 deg, a slight increase in mast 
height and weight is necessary to maintain an unobstrxicted field of view 
between the HGA and the radar altimeter. 

Liquid Versus Solid Propel la nt for Or bit Insertion 

A major subsystem selection influencing orbiter coti figuration is the 
type of orbit insertion motor - solid or liquid. Monopropellant systems have 
too low a specific impulse for this application (see Volume 10). An existing 
biproepllant system was reviewed (also with regard to International Coopera- 
tion approaches. Volume 13) for application to the' Thor/ Delta baseline. 
Figure 3-6 shows a slightly modified, 400 N (90 Ibf) thrust, biliquid system, 
developed by Messer schmitt-Boelko-Blohm (MBB) for the Symphonic 
satellite. 


The existing propellant tank has a usable capacity of 148 kg (326 lb), 
more than adequate for type I and II Thor/Delta missions and for some Atlas/ 
Centaur missions. The principal modification is relocation of the helium 
tanks to fit within the orbiter thrust tube which has been tapered slightly to 
accept main tank. 

The dry mass of the biliquid system was estimated at about 1? kg 
(42 lb) versus about 10 kg (22 lb) fnr the modified (shortened) TEM-521 solid 
motor (Thor/Delta baseline). The higher specific impluse of the biliquid 
(300 to 305 .sec versus 286 sec for the solid) would allow about 3. 6 kg (8 lb) 
increase in dry mass in orbit which combined with the difference in inert 
motor mass still produces an in-orbit penalty of about 5 to 6 kg (11 to 13 lb) 
for the liquid design. The liquid system, offers some potential possible 
advantages in mission flexibility. However, with adequate lead time pro- 
visions, the solid motors can be modified/ s. zed to accommodate a range of 
acceptable mission opportunities (see Volume 10). The program cost in- 
crease in using the biliquid system is estimated to be in excess of $1. OM. 

In view of the cost and weight factor. s, the solid motor has been 
selected for the orbiter baseline. The thrust tube has been sized to accommo- 
date the solid motors applicable to type I or type II missions for Thor/Dclta 
or Atlas/Cenuaur, 


Magnet ornete r ion 

The midterm baseline instrument payloads for both probe bus and 
orbiter spacecraft included a magnetometer experiment. The instrument 
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TABLE i-6. MAGNETOMETER INTEGRATION CONSIDERATIONS 
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impinge- 
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orbiter. ‘dynamic balance and increasing the weight penalty for the 

forward^u”„°e'tc‘ii^,tlLVpfV“;%T,i^ '»a 

P.ag„e.omc.sr, a. all suu a^lcs, ra“*u a^r- 

pn.vc„. ?;:i^:c^ijf-hbi.. 


ui<» 


lAlMart. 
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Manual DAC-61687 allows c ^ offs/; ^ Spacecraft Design Restraints 

of 0. 020 rad (1 . 4 deg). The Atlas/Cen°aur launS veh 

requirements of this nature. ^ launch vehicle does not have 
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Of the magnetometer. The wfight increase diametrically opposite 

Delta spacecraft. ® rease is a severe penalty for the Thor/ 
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Ihe net total program savings (reduced maanetfr%i®'^°^^ 3-7. 
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HA magnetometer 

BOOM DATA (3. 05 m BOOM LENGTH) 


Not«> 


Magnetometer, boom, harness. mechi;;ii;;;r 

c. m, offset, stowed 
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Spin axis tilt, stowed 
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boom and balance weight 


= 4. 1 5 kg 
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small probe separation clearanc^Ln Jlso^ forward plane to provide 
spacecraft without penalty hence be accommodated on the orbiter 

spacecraft is achievable ^'xherefore^^^^^ on the two 

fh end of the probe bus and orbh- naagnetometer 

the Thor/Delta baseline configuration A i ^ ®Pacecraft was selected for 
on the Atlas/Centaur desig^ bebausrthe accommodated 

be tolerated on the launch vehicle imbalance of the stowed boom can 

craft weights. because of higher allowable ^pbce. 

gaoiHIienl Sh_elf Configuration 

i^s that thby are^bn stbmz^ Venus spacecraft 

sbquenc%'"o‘?bis'?ub:p^;:i^ Such^rbiioVlbra^'nl'tbrTrbbn 

an. a. a.H . a aan.Le 

mant Philosoph^“ofVed°c?tedVom^^^^ Program uses an arrange- 

subsystem isolation. The cornna^tmeni-aT^ instrument providing 

approaches were evaluated to determine th^h/? , “’''‘f arringement 

spacecraft. Figure 3-7 schem-^tir-I?? ^ ^ ^ fbe Pioneer Venus 

methods and lists some c 

and thermal bala^n^rby'^r^'^brictibg^he^ approach constrains mass 

structure to form the comp^rtn^ents c^eat?” additional 

and restricts accessibility to the suhs,rL ”iore complex wire harness 

are readily met by the opL slSlf alroacT consideratfons 

shelf rnaintaining subsystem and payload baseline is an open 

probe bus and orbiter. Also, the^onen shelf commonality between the 
side of the .shelf to be used if necessa^ ^‘i-angement allows the under- 


gE^craft Launch Ma ss and Continc>t=.nrv^r 


-A V6ry sxgntftciint trsd© issuf* f'M-* 
and contingency allowance especially for '^/P^^^^craft mass 

Th,r/D '’’■"'•P «"<i 

The liquid propellant and orbit insertion Atlas/Centaur 

the full weight of the spacecraft inedudiuo ‘''‘Ptmined for 

Tho,./ih.u„ missiou is ^ 
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ADVANTAOeS 


• LESS RESTRICTIVE IN EQUIPMENT 
ARRANGEMENT 

• MASS BALANCE EASIER TO ACHIEVE 

• THERMAL DISTRIBUTION EASIER TO 
ACHIEVE 

• LIGHTER WEIGHT STRUCTURE 


• DEDICATED AREA FOR SCIENCE 

• ISOLATION FROM OTHER SUBSYSTEM 
EFFECTS EASIER TO ACCOMPLISH 


DISAOVANTAGF.S 


• DIFFICULT TO ISOLATE SCIENCE 
INSTRUMENTS FROM THERMAL 
AND MAGNETIC EFFECTS 


• LESS EFFICIENT USE OF SPACE 

• LESS FREEDOM FOR ADJUSTMENT FOR 
MASS BALANCE 

• LESS FREEDOM FOR ADJUSTMENT FOR 
THERMAL BALANCE 

• HEAVIER STRUCTURE DUE TO VERTICAL 
WALLS 

• FUNCTIONAL ARRANGEMENT OF SUBSYSTEMS 
MORE RESTRICTED 


FIGURE 3-7. OPEN EQUIPMENT SHELF VERSUS COMPARTVENTAUZATION 
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To achieve the Tlior/IVU-. lo u 

T»M!f: I , module structure fVolum« e;\ t* . ^ (Volume 9), and in 

Ti ^ u 83-uge) wire in spacecraft (Volume 8) and use of Jight 

sITiL? packaging caused by the low potential prob- 

savtngs potential afforded by using ^e AtiTI/r cost 

IS discussed in Volume 11 . ^ ® Atlas/centaur allowance and approach 

Table Thor/Delta are listed .r 

excessively reduced. Other^weisht trad^.«^-'^^** reliability was 

A brief s»«mary ef .he trade study result, follows: 

• Thor/Delu .nl.sions have a marginal weight contingency 

• Cost increflises havf^ - 1 _ _ j , 

- ■-ion designs in order .o’'at.Tn m^r'g^M^^^^^ 

n'or/So^^Za^^^U mTmS'L‘feh“r d 
:bjScrr^“ 

TABLI; 3 . 9 . MISSION SET/MASS CONTINGENCY citi:rt.,.„ 

(at MIllTERM) SUMMARY 


in 


Item 

Launch opportunity 
Trajectory type 
Contingency, kgs (lb) 
Percent contingency:* 


Thor/ Delta 
Spacecraft 

Probe 



Orbiter 

1978 

II 

10 ( 22 ) 

6 . 7 


Percent ol space, ■„« dry 


Atlas/ Centaur 
„ Spacecraft 

Probe 

Orbiter 

1977 

1978 

I 

I 

HO (309) 

92 (202) 

20 

i 



27 
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TaBLK 3..10. 


MASS RKDUCTIONS TMlM.KMf'NTKD (THOll/DKl.TA) 



Mass Reduction^ kg (lb) 

Item 

Multiprobe 
Mis aion 

Orbiter 

Uk(> beryllium in spacecraft structure 

4. 8 ( 10. 6) 

2. 6 ( 5. 5) 

fJs«' beryllium in spacecraft BAPTA 


1. 1 ( 2.5) 

Use beryllium in large probe aeroshell 

13. 2 { 29, 0) 


Use beryllium in small probe aero- 
shells (3) 

8.0( 17.7) 

— 

Add IjSI to telemetry processor 

1.5{ 3.2) 

1. 5 ( 3, 2) 

Add LSI to central decoder 

2. 3{ 5.0) 

2. 3 ( 5, 0) 

Add LSI to large probe data unit 

1.8( 3.9) 

— 

Add LSI to small probe data unit (3) 

3.8( 8.4) 

— 

Use 28 gage wire in spacecraft cabling 

2. 2( 4.9) 

3. 1 ( 6. 9) 

Use 28 gage wire in probes 

0. 8 ( 1. 7) 

— 

Delete redundant remote multiplexers 

1.4( 3.0) 

1.4 ( 3. 0) 

Delete one propulsion tank 

I.5( 3.4) 

1. 5 ( 3. 4) 

Change large probe parachute size and 
raise jettison altitude from 40 to 55 km 

1 1. 7 ( 25. 7) 

— 


52. 8(116. 5) 

13. 4 (29. 5) 




1 AI^LK 1-11, AUl 


I T.C •lAL MASS REDUCTION CANDIDATES 


‘ ‘ 

MaHH Ut'diu tion, (lb) 


Itt^m 

Multipi’ol)e 

Mission 

Orl)it<>r 

Commeid 

Dt‘U'U> rt'dundancy in 
command 

Delete redundancy in 
data handling 

2.7 ( 5.9) 
2. 0 ( 4. 4) 

2, 7 ( 5, 9) 
2. 0 ( 4. 4) 

Reliability 
0. 978— ►O. 862 
probe bus 

0. 918— ►(). 605 
orbiter 

Delete redundancy in 
attitude control 

1. 6 ( 3. 6) 

3. 3 ( 7, 3) 


Delete one pair radial 
thrusters 

1. 5 ( 3. 4) 

1, 5 ( 3. 4) 


Raise periapsis alti- 
tude from 150 to 
200 km 

1 

3. 2 ( 7. 0) 


Use 36 h orbit 

— 

4. 1 ( 9. 0) 



7. 9 (17. 3) 

16. 8 (37. 0) 



3. 3 TMOR/ DELTA BASELINE ,'IESCRIPTION 


A major objective to configuring the probe and orbiter spacecraft 
was maximum commonality to reduce program cost, and the following des- 
criptions of the spacecraft configurations highlight this point. 

I.iboard profiles, forward and aft end views, of the baseline space- 
craft configurations for the multiprobe and orbiter missions are presented 
in Figvires 3-8 and 3-9, respectively. Equipment shelf arrangements for 
each spacecraft, with subsystem elements and experimental locations noted, 
are depicted in Figures 3-10 and 3-11. Amass summary for major sub- 
systems is presented in Table 3-12 and detailed mass statements in Tables 
3-13 through 3-15. 

P robe Bus 

In the launch configuration, the probe bus has a mass of 384. 1 kg 
(846.8 lb) with the center of mass located 1 07 cm (42.3 in. ) above the launch vehicle 
separation plane. The roll to transverse inertia ratio varies from a mini- 
mum value of 1. 20 at launch to a maximum of 1. 79 after release of all probes. 
The inertia ratio range assures adequate spin stability. A maximum dia- 
meter of 213 cm (84 in. ) and an overall length of 180 cm (71 in. ) allows for 
radial and longitudinal clearances from the allowable payload envelope. 

The basic arrangement consists of a central thrust tube with a ring 
sized to mate with the Thor/Delta 2512 spacecraft to launch vehicle adapter; 
a circular shelf for mounting subsystem equipment positioned at the upper end 
of the thrust tube; six equally spaced support struts attached at the shelf 
perimeter and extending radially to the thrust tube lower end, and a cylin- 
drical substrate surrounding the shelf and positioned so as to provide an 
enclosed volume above and below the shelf. The solar electric array is 
mounted on the substrate extension at and below the shelf level. The length 
of the substrate is sized for the larger array required for the orbiter 
mission and for commonality kept the same for the probe bus. 

The hydrazine propellant tanks are located beneath the shelf opposite 
each other and supported from the thrust tube, This arrangement allows 
the shelf to be assembled without disturbing the tank installation and keeps 
the shelf upper surface and vohirne entirely available for the mounting and 
positioning of subsystem units and experiments. The basic arrangement is 
identical for probe and orbiter spacecraft. 

An inverted right conical frustuni installed at the upper end of the 
thrust tube provides for .support and installation of the large probe. Three 
attach fittings 120 dog apart provides for the mechanical interface with the 
probe. The three small probes are positiutved symmetrically around the 
large probe adapter and are supported by strvictural elemontr. extending 
radially frotn the adapter and vertically to the sliclf, 

'Ihe large probe is s- pa rated in an axia! direction with a small AV 
being applh'd from prestrejssed springs located at each attach fitting. After 


3-2 7 


the large probe separates, the three small probes are released simultaneously 
and the forces from the probe bus spin provide a lateral separation velocity. 
Since the small probes leave in a lateral direction, they trace a spiral path in 
spacecraft coordinates, opposite in direction to the spin, over the upper 
surface of the spacecraft. Therefore, this region is free of protuberances 
above the forward plane of the substrate. This path is shown tor one of the 
probes on Figure 3-8. 

Two of the bus experiments, the ion and neutral mass spectrometers 
require unobstructed 60 deg conical fields of view in an axial direction, but 
only after probe release. Therefore, the instruments v/ere located on the 
spacecraft to assure the proper FOV. Since the Langmuir probe and UV 
fluorescence experiments deploy appendages radially, they are positioned 
near the shelf outer edge. The magnetometer is mounted on a pivoted boom 
to permit stowage during launch. The extended boom position was selected 
to obtain maximvim clearance from the small probe separation paths. 

The units are arranged on the shelf in a manner that provides for 
functional grouping and mass and thermal distribution. Sufficient space 
exists on the shelf permitting units to be repositioned if necessary to 
accommodate changes in thermal or mass distribution. Six thermal control 
louvers are placed on the lower surface of the shelf and radiate out of the 
aft cavity. Identical shelf locations are maintained for those units and thermal 
control louvers that are common to both probe and orbiter spacecraft. These 
features can be seen by comparison of Figures 3-10 and 3-11. 

The bicone antenna has 360 deg beam in a plane normal to the spin 
axis and 30 deg in elevation. In order to place the antenna on the spin axis, 
it was necessary to store it inside the thrust tube during launch. Since its 
deployment is axial along the spacecraft centerline, a dynamic unbalance is 
not incurred. 

A medium gain horn antenna, with a 45. 7 cm (10. 0 in. ) diameter 
aperture and an rf beam width of 20 deg, is attached to the shelf aft side and 
is pointed parallel with the spacecraft centerline. By locating it near the 
shelf outer edge, the beam is unobstructed by the bicone antenna. To pre- 
vent blockage of the thermal control lotiver view by the large diameter 
aperture of the antenna, it is placed near one of the hydrassine tanks. 

A narrowbeam angle (140 deg) omni antenna mounted on the forward 
end of the spacecraft and a v,'idebeam omni antenna (220 deg) attached to the 
bicone assembly complete the antenna complement. 

The star sensor line of sight required is 55 deg from the spin axis 
on the forward end and has a 25 deg field of view. It is located near the 
outer permiter and midway between two of the probes to minirnh'.e possible 
reflections from the spacecraft enter ir.g the sun shield The three sun 
sensors have a combined field of view of 150 deg in a plane containing the 
spin axis and is centered about a normal to the axis, Again, to preclude 
false readings due to reflections, the sensors tto located at the periphery 
of the substrate and at a location free of cxtensicns. 


3-28 


] 

i 








^ADfAL JSrs (>9) 


/VAmoW S£>^t C/Wff MTET^/m 


P^oac ^i^RSktiCN OmR - 


< 

z 



Ai€vr/ry9 L fiMS JPTC TAOf^TM ' 



/ 


/q/¥ r^Ass .specmoft 


/~ lAN^Mutf^ moae 


-/— +Y 




•'~---/4.- 



\ 




/^/t^/urmm-rew /.inhop) 


u V nuone scenes 


^ X 


A'£>/9>^AP£^ AM/AL JCT (f) 


FIGURE 3-8, THOR/DELTA PROBE SPACECRAFT BASELINE DESIGN 


3-29 


. ■ 1 ■■ r II ' I rtn r r ■ f .. I... 






IBILiTY Of THE ORfGfNAL PAGE tS POOR. 








-I ^ 


.s/necF 



• /*f^\rw^ 7 w oef\onsD 


s'mR j^jour ,«AV ^m€U 


zyuij. ^ ^ ari 


fON ms5 ^^mrmMTm wtoe^ S£"am o/n^f MT£t 


«/J.^ 


(»^ Q 



lAt^^rum flmofge 


^oA\^Aj^o Aju/st s/<rr (t) 


pCRAPT BAStiUNE DESIGN 



+ Z^- 


MfqH ^ 4 V ANT£/Wm 


^nt (i3) 


C^ AT sePAAAT/Q^ - ■ -O 


' UkkV 


/'/^ 
/ / /, ' 


/ /—M^nt JUf¥K0T \ 
/ smXTi/M‘ 


L t^BAtr Mr/mrfK /wntMH* • — jmv 








MA^/^roa^rsj^ - /f^r^reo 

rOA ClA^JTf 


|t«JX)UT kMm^ii 


• m (tB) 


V SMik ^Pi 

^t(n\ 


A^T AMAL jer (B) 


■ Sf99CSCA.4AT‘ T/OA/ ^lAA^S 


'TA^MusT- ’Taar 


/A^^SSTfTVOA/ MOTOA 
(TTAPJTBf jrKAfJO: CMT) 


^OOi'^AS (b) 


AAtrr/^A • 


i- Y— 


Y\ 


^ATA :iumcA7 \ 
mjCTUAS 


AATFA/m ^ 


\\ 


-£Ac/ACM re/fiCif /iOAfirCK 
£»ei TA ZJSIZ 



i' ^f^***^ aCAM O/iAt- AOTATgO 

, ! fX)A CCAA/rr 

) /^AHASt-CAK/T 77>m (Z)~ MCXTATeo 

f^GA CLAAtTY 


A^AOAtttAAYT TMK (z) 


- X 

.^4.|_.-|_^_|.._|.,4-j- 

p /d *0 ,i» ^ *0 n» 

C4vr//w 

-j-** ^ — 1 -— ^ ^ 

o io to Ji 
(//^CN€S 

m-rr. tNSutATfOAi OMtrrfP 




wwirr 



+ X 

FIGURE 3-10. THOR/DELTA PROBE SPACECRAFT SHELF ARRANGEMENT 



jsr^urj 


\ 

A 


coDe 




^ We^ 

V^' \ \ 


+Y 


STTfUrS. 


7 //i> 

\ ' r 


^ 7?Wi<r 


^Tft/T t 


/R / 
Z 


U/VJT 

NEUTRAL T7ASS SRECTROMETEA 
/ON MASS SREOTROMETETR 
LANOMU//R RRBHE 
U V FLUORESCENCE 
MA ^NETOME TER 


EXC/TEE /RCi^R 
AYER/O 

E/LTER, 7XER 
FALTER, AARNON/C 
F/LTER, ACER 
C/RCUtATOR tySOLATOR 
SPET SW/7ZU 
TRANSFER SWATCH 
R9EAA1PI/F/ER 
POWER AMFAJF/Ee 


REMOTE /itALTJPLET(£R 
PCM ENCODER , DUAL 
TEIENETRY RPOCESSEAR DtMC 


DEMODULA77SR 

DUAL REMOTE DECODER 

PTRo control UYATT 

CO/7XAL DECOCEk/COHAHAO MEHDR^DUR 
STAR SENSOR 

ATTITUDE DATA FROCESSCR 
Sq^AA^O DRftAETES 
AAATATAON OANPER 


OJCAARtfE REi^ULATOR 
DUS LAM/ TER 
BATTERY 

OJAERtOAD control UAAT 
CURRENT SETUSOR 
BAT TERR CAMRQER 


SoPUcSuTY^ 


N. \ nI UU «|^f\aroroi>3io 




3-35 








CODE tJADT ^ 

E / /^AdtNETO/iETS/^ 

2 LAt^QMtJtR 

J NEUmAL 

4 /ON /^ASS * 5 /«E 775 ^£ 7 i£W 
S' UV ^/^C7‘jROM^TE/R 


/ 

/ 

/ 

/ 

/ 

/ 


£7AUT Z 





EUCtTBi /AOAA 

AYDJfJD 

F/L7£A^ TXaP 
FJlTtk', HAAAIOMfC 
FtL7£A , Reap 

C/ACUCATDR * /S CURATOR 
SPDT SW/rCA 
TRAUSPeA SYA/rCM 
RREA.^POFSR 
POW£R AAPAL/F/SX 



D f R£A07E AULTIPL£k£R 

•> PC A EfACODSR , DUAL 

Z T£l£P>£rRy rA0C£SS0R, DUAL 
A OATA S TORAHS’ 


7 

/ 

/ 

/ 


^ TANK 



DSnODULATDR 

DUAL R£hOT£ D£COD£» 

PYRO CONTROL UNfT 

C£NTKAL MCOOGR / COhtiMO fl£MOAY^UmL 


A 


f 

Z 

J 

4 

O” 


STAR S£NSOR 

ATT/TUDi~ DATA PAOCESSOR 
SOLSNO/C DP/USRS^ 
A>UTAT/Oa/ OAPfPER 
DfSRN CONTROL ELECTRON/CS 


/ 

Z 

/ 

/ 

Z 


p I OISCMAR^E RPO^ULAT'OR 
2 au5 L//^/T£R 
Z apTTEAY 

A DiERLOAO control UNYT 
s CURRENT SENSOR 
it aATTERY CHARL^R 



\ { 


\ 


1 

I 

1 

i 

\ 


REPROOUCIWLITY Of THE ORIGINAL PAGE jS' POOR- 











>^ajor 


Item ^^I^^ystem 
RF 

Antenna 
Data handling 
Command 

Attitude control, mechanisms 

Structure 

Power 

Cabling 

Thermal control 
Propulsion (dry) 

Orbit insertion motor case 
Bus total (dry) 

I Barge probe 
Small probe (3) 

Spacecraft subtotal 

Contingency 
Experiments (bus only) 

Spacecraft total (dry) 

Propellant 

Pressui’ant 

Orbit insertion motor expendables 
Spacecraft total (wet) 

Spacecraft adapter 
Telemetry and C band 

Launch vehicle payload 


Spacecraft h^as s 


Probe 


5. 81 
7. 03 
11. 16 


9. 07 

111, 90 

114, 58 
101, 91 
328. 40 

23. 31 
11. 61 
363. 33 

20, 73 
. 05 

384. 10 

13. 15 
8. 39 

405. 65 


lb 

~j 

5 19. 5 

I 8. 53 

8 6. 8 

2.54 

1 12. 8 

1 9. 89 

3 15. 5 

6. 58 

^ 24. 6 

I 18. 14 

79. 3 

32. £2 

35. 3 

1 

10. 3 

I 6. 76 

-2, 6 

1 11.29 

20. 0 

1 9. 84 


I 10. 12 

246. 7 

138.62 3 

252. 6 


224. 7 


724, 0 

' 138.62 3 

51, 4 

10. 02 

25. 6 

31. 12 ( 

801. 0 

179. 76 3c 

45, 7 

24. 31 e 

0. 1 

. 05 


88.72 19 

846. 8 

292. 84 64 

29. h 

13.15 2' 

18. 5 

8.39 1( 

894. 3 

314. 38 69; 


305. 6 
22. 1 


53 . 6 
0 . 1 


3-3 7 



T ABLE 3-13. MASS PROPERTY SUMMARY DETAIL MASS STATEMEINT 
PROBE SPACECRAFT - THOR/DELTA BASELINE 



Mass 

Description 

kg 

lb 

RF Subs_ystem 

3.85 

19.5 

Exciter/receiver (2) 

3.63 

8.0 

Hybrid (2) 

0. 05 

0.1 

Filter - TxBP (2) 

0.73 

1.6 

Filter - harmonic (2) 

0. 09 

0.2 

Filter - RC BP (2) 

0. 73 

1.6 

Circulator - isolator (4) 

0.45 

1.0 

SPDT switch (3) 

0.36 

0.8 

Transfer switch (3) 

0. 93 

2. 1 

Preamplifier (2) 

0.23 

0.5 

Power amplifier 

0.91 

2.0 

Coax cables 

0. 73 

1.6 

Antenna Subsystem 

3.08 

6-. 8 

Bicone antenna 

1.72 

3.8 

Medium gain antenrxa 

0:91 

2.0 

Omni (wide beam) 

0.27 

0.6 

Omni (narrow beam) 

0. 18 

0.4 

Data Handling Subsystem 

5.81 

12. 8 

Remote multiplexer (7) 


3.0 

Dual telemetry processor 


3.5 

Dual PCM encoder 


6.3 

Command Subsystem 

7.03 

15.5 

Dual demodulator 

2.09 

4.6 

Dual central decoder 

1. 77 

3.9 

Dual remote decoder (3) 

1.81 

4.0 

Pyro control unit 

1.36 

3.0 

Attitude Control, Mechanisms 

11. 16 

24.6 

Sun sensor (3) 

0,27 

0.6 

Star sensor (includes sunshade) 

2.49 

5.5 

Attitude data processor (2) 

3.27 

7.2 

Solenoid driver 

1.00 

2.2 

Nutation damper 

0.86 

1.9 

Magnetometer boom and deployment 

1.36 

3.0 

UV fluorescence deployment 

0.59 

1.3 

Bicone deployment 

0. 86 

1.9 

Separation arm switch (2) 

0.45 

1.0 
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Table 3-1 i (continued) 


Description 


Structure Sub,'jystern 

Equipment shelf 

Shelf support struts (Be) 

Shelf support brackets (Be) 

Shelf support doublers (Be) 

Thrust tube (Be) 

Large probe attach structure (Be) 

Large probe structure longerons (6) (Be) 

Omni boom mounting 

Medium gain antenna bracketry 

Bicone deployment support 

Substrate 

Small probe attach structure (Be) 
Propellant tank supports 
Thruster supports 
Balance weights 
Miscellaneous hardware 

Power Subsystem 


Battery 

Dischar-e regulator 
Battery charger 
Bus limiter 

Solar array (excludes substrate) 
Experiment overload control 
Current sensors (3) 

Harass a 

Wire harness 

Thermal Control 

Coatings 
Blankets 
Louvers (6) 

Shelf doublers 
Temperature sensors 

Propulsion Subsystem (dry) 

Propellant tanks (2) 

Thrusters (6) 

Propellant valve (6) 

Latch valve 


Mass 1 

kg 

lb 

35.97 

79.3 

11.29 

24.9 

1.04 

2.3 

0.23 

0.5 

0. 14 

0.3 

3. 63 

8.0 

2.95 

6.5 

0. 86 

1.9 

0. 18 

0.4 

0.09 

0.2 

0.36 

0. 8 

8. 03 

17. 7 

2. 00 

4.4 

1.04 

2.3 

1.41 

3. 1 

1.81 

4.0 

0.91 

2.0 

16.01 

35^ 

4.22 

9.3 

2.72 

6.0 

1.81 

4.0 

1.91 

4. 2 

4.04 

8.9 

0.91 

2.0 

0.41 

0.9 

4.67 

10.3 

4. 67 

10.3 

10.25 

22.6 

.45 

1.0 

1 6. 44 

14.2 

1. 77 

3.9 

1.50 

3.3 

0. 09 

0.2 

9.07 

20.0 

3. 13 

6.9 

1.63 

3.6 

1.36 

3.0 

0. 54 

1.2 




Table 3-13 (continued) 


Mass 


Description 


Fill valve 
Filter (4) 

Pressure transducer 

T ubing 

Fittings 

Valve and catalyst bed heaters 
Thruster insulation 
Temperature sensors 

Bus Total (Dry) 


l^arge Probe 


Deceleration Module 


eat s 

Structure - aeroshell 
Structure - internal 
Aft cover 
Parachute 

Main parachute 
Pilot parachute 
Mortar 

Separation nuts 
Cabling 
Separation 

Explosive nuts . 1 ) 
Inflight disconnect 
Instrumentation 
Sensors 
Ballast 

Shock layer radiometer 
Pressure Vessel Module 


Structure 

Shell 

Shelves (2) 

Flanges 

Penetrations 

Adapter 

Insulation retainer 
Strain gauges 
Thermal control 
Insulation 

Temperature sensors 



0. 14 
0.54 
0.23 
0. 32 
0.45 
0. 18 
0.45 
0. 09 

111.90 


114.58 


( 39.46) 


12 . 02 

5. 13 
10.34 

3.90 
( 3.72) 

2.36 
0.45 
0.41 
0.50 
1. 04 

{ 1.27) 

0.68 
0.59 
( 0.18) 
0. 18 

0. 73 

1. 13 

( 73.07 ) 
( 24:99) 
13.20 

4.13 
3.58 
1.27 

1.36 
1.32 
0. 14 

{ 7.48) 

7.26 
0.23 


252.6 



8 . 6 

( 8.2 ) 

5.2 
1.0 
0.9 
1.1 

2.3 

( 2.8 ) 

1.5 

1.3 

( 0.4 ) 

0.4 

1.6 

2.5 

(161.1 ) 


( 55:1 ) 
29. 1 
9. 1 
7.9 
2 . 8 
3. 0 
2 . 9 
0, 3 

( 16.5 ) 
16. 0 
0.5 










Table 3-13 (continued) 


W 


S 

I 

i 


1 

4 



-A 




Mass 


Description 

kg 

lb 

RF subsystem 

( 3.63) 

( 8.0 ) 
4.0 

Receiver/ exciter 

1..81 

Hybrid 

0. 05 

0.1 

Filter - Tx BP 

0.36 

0.8 

Filter - harmonic 

0. 05 

0. 1 

Filter - Rc BP 

0.36 

0. 8 

Circulator 

0.11 

0.25 

Preamplifier 

0. 11 

0.25 

Power amplifier 

0.45 

1.0 

Coax cables 

0.32 

0. 7 

Digital 

2.13 

4.7 

Command/data unit 

1.13 

2.5 

Pyro control unit 

1.00 

2.2 

Power 

( 11.20/ 

( 24.7 ) 

Battery 

Discharge regulator/ 

6.67 

14.7 

current sensor 

2.72 

6. 0 

Experiment interface (3) 

1.13 

2.5 

Pyro switch 

0. 68 

1.5 

Antenna 

0.68 

1.5 

Harness 

( 0.86) 

( 1.9 ) 

1. 6 

Internal 

0. 73 

External 

0. 14 

0.3 

Equipment 

( 0.73) 

( 1.6 ) 
1.0 

G switch 

0.45 

Pressure gauge 

0.09 

0.2 

Pressure switch 

0. 18 

0.4 

Experiments 

( 21.36) 

(47.1 ) 
1.3 

Temperature sensors (2) 

0.59 

Pressure sensors (2) 

0.82 

1.8 

Nephelometer 

1. 13 

2.5 

Planetary flux detector 

2.27 

5.0 

Accelerometer 

1.13 

2. 5 

Solar flux detector 

1.81 

4.0 

Mass spectrometer 

7. 71 

17.0 

Aureole extinction detector 

1.81 

4. 0 

Cloud particle size analyzer 

3. 63 

8, 0 

Hygrometer 

0.45 

1.0 

Bus Separation Module 

{ 2.04) 

( 4.5 ) 

1 . 5" 

Explosive nut (3) 


Separation spring (3) 

0. 68 

1.5 

Inflight disconnect 

0.68 

1.5 
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Table 3-13 (coatitmed) 


Description 


Small Proho 


Deceleration Modiil «> 

Heat shield 

Structure 

Aeroshell 

Internal structure 
iiarness 

Experiment (temperature probe) 
P^ressure Vessel 

Structure 

Shell 

Shelf 

Flanges 

Penetrations 

Electrical feedthrough 
Ports 
Windows 
Adapter 

Insulation retainer 
Antenna cover 
Harness 

Thermal control 
Insulation 

j , ^®‘"nperature sensors 


Exciter 

Stable oscillator 
Power amplifier 
Coax cable 
Digital 

Command/datii 

Pyro control 
Potve r 

Battery 

Discharge regulator/curront sensor 
Experiment interface sensor 

Pyro switch 
Antenna 

Equipment - G switches 
Science 

Pressure gauge 
Nephelometer 
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( 9.12) 

“"Trn- 

( 3.86) 

1.50 
2.36 
0. 14 
0.50 


( 23.59 1 
( 6. 76) 

2.77 
1.18 
1.22 
( 0.23) 

0.05 
0. 05 
0. 14 
0. 77 
0.54 
0. 05 
0.27 
( 4.90) 

4. 76 
0. 14 
( 1.13) 

0.45 
0.36 
0.23 
0 . 09 
( 1 . 22 ) 

1. 00 
0.23 
( 7. 08) 

4.13 
1. 59 
0 . 68 
0 . 68 
0.23 
0.23 
( 1.77) 

0.41 
0. 45 


1.2 
0. 1 
0.6 

( 10.8 ) 

10.5 
0.3 

< 2.5 ) 

1.0 
0,8 
0.5 
0.2 

( 2.7 ) 

2.2 

0.5 

{ 15.6 ) 
9. 1 
3, 5 

1.5 
1.5 
0.6 
0.5 

( 3.9 ) 

0,9 

1.0 






Table 3-13 (continued) 



Mass 

Description 

kg 

lb 

Accelerometer 

0. 18 

0.4 

Magnetometer 

0.50 

1.1 

Temperature probe electronics 

0.23 

0.5 

Separation - Despin Module 

( 1.27) 

( 2.8 ) 

Spin rocket (3) 

0.32 

0. 7 

Bolt thruster 

0. 14 

0.3 

Hinge -arm and open hatch 

0.41 

0.9 

Inflight disconnect 

0.41 

0.9 

Spacecraft Subtotal 

328.40 

724.0 

Contingency 

23.31 

51.4 

Experiments 

11.61 

25.6 

Neutral mass spectrometer 

4.99 

11. 0 

Ion mass spectrometer 

1*36 

3.0 

Electron temperature probe 

1.59 

3.5 

UV fluorescence 

1.36 

3,0 

Magnetometer 

2.31 

5. 1 

Spacecraft Total (Dry) 

363.33 

801.0 

Propellant 

20.73 

45. 7 

Pressurant 

0.05 

0. 1 

Spacecraft Total (Wet) 

384. 10 

846.8 

Spacecraft Adapter 

13. 15 

29.0 

Telemetry and C band 

8.39 

18.5 

Launch Vehicle Payload 

405.65 
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TABLE 3-14. MASS PROPERTY SUMMARY DETAIL MASS STATEMENT 
ORBITER SPACECRAFT ^ THOR/DELTA BASELINE 


Maes 


Description 

RF Subsystem 


Exciter/ receiver (2) 
Hybrid (2) 

Filter - TxBP (2) 

Filter - harmonic (2) 
Filter - RcBP (2) 
Circulator - isolator (4) 
SPDT Switch (3) 
Transfer switch (3) 
Preamp (2) 

Power amplifier (2) 
Coax cables 

Antenna Subsystem 

High gain antenna 
Omni (widebeam) 

Omni (narrow beam) 
Circulator 
SPDT switch 
Notch filter 

Data Handling Subsystem 


Remote multiplexer 
Dual telemetry processor 
Data storage unit 
Dual PCM encoder 

Command Subsystem 


Dual demodulator 
Dual central decoder 
Dual remote decoder (3) 
Pyro control unit 

Attitude Control, Mechanisms 


Sun sensor (3) 

Star sensor (includes sun shade) 
Attitude data processor (2) 
Despin control electronics (2) 
Solenoid driver 
Nutation damper 


kg 

lb 

8.53 

18.8 

3.63 

8.0 

0.05 

0. 1 

0. 73 

1.6 

0. 09 

0.2 

0. 73 

1.6 

0.45 

1.0 

0.36 

0.8 

0. 64 

1.4 

0.23 

0.5 

0.91 

2.0 

0. 73 

1. 6 

2.54 

5.6 

1.41 

3.1 

0.27 

0.6 

0. 18 

0.4 

0. 14 

0.3 

0.09 

0.2 

0.45 

1.0 

9. 89 

21.8 


1.36 
1.59 
4. 08 
2 . 86 

6.58 


2.09 
1. 77 
1.81 
0.91 

18. 14 


0.27 

2.49 

3.27 

3.36 

1.00 

0.86 


Table 3-14 (continued) 


Maas 


Description 

B APT A 

Magnetometer boom and deployment 
Separation and arm switch (2) 

Structure Subsystem 

Equipment shelf 

Shelf support struts (Be) 

Shelf support brackets (Be) 

Shelf support doublers (Be) 

Thrust tube (Be) 

BAPTA support (Be) 

HGA boom 
Omni booms (2) 

Substrate 

Propellant tank supports (2) 
Thruster supports (8) 

Motor attach ring 
Balance weights 
j RF altimeter support 

Miscellaneous hardware 

Power Subsystem 
Battery 

Discharge regulator 

Solar array (excludes substrate) 

Bus limiter (4) 

Battery charger 
Overload control unit 
Current sensors 

Harness 

Wire harness 

( T hermal Control 

Thermal coatings 
Insulation blankets 
Thermal louvers (8) 

Shelf doublers 
Temperature sensors (17- 


5.08 

1.36 

0.45 

32.52 

11.29 
1.04 
0.23 
0. 14 
3.63 
0.82 
1.00 
0. 18 

8.03 

1.04 

I. 50 
0. 54 
1.81 
0.36 
0.91 

22.41 

7,85 

2.72 

4.99 

2.49 

1.22 

2.72 

0.41 

6.76 

6.76 

II. 29 

0. 15 
6.44 
2. 36 
1.91 
0. 14 


11.2 

3.0 

1.0 




Table 3-14 (continued) 


Description 

Mass 1 

kg 

lb 

Propulsion Subsystem (dry) 

9.84 

21.7 

Propellant tanks f2 ) 

3. 13 

6.9 

Thrusters (7) 

1.91 

4.2 

Propellant valve (7) 

1.59 

3.5 

Latching valve (2) 

0.54 

1.2 

Fill valve 

0. 14 

0.3 

Filter (4) 

0.54 

1.2 

Pressure transducer 

0.23 

0.5 

T ubing 

0.45 

1.0 

Fittings 

0.45 

1.0 

Valve and catalyst bed heaters 

0.23 

0.5 

Thruster insulation 

0.54 

1.2 

Temperature sensors 

0.09 

0.2 

Orbit Insertion Motor Case 

10. 12 

22.3 

Motor case (burned out) 

9.93 

21.9 

Heater 

0. 18 

0.4 

Bus Total (dry) 

138. 62 

305.6 

Spacecraft Subtotal 

138. 62 

305.6 

Contingency 

10.02 

22. 1 

Experiments (Bus Only) 

31. 12 

68. 6 

RF altimeter 

9.07 

20.0 

I.R radiometer 

4. 08 

9.0 

IJV spectrometer 

5.44 

12.0 

Neutral mass spectrometer 

4. 54 

10.0 

Ion mass spectrometer 

1.36 

3.0 

Electron temperature probe 

1.59 

3.5 

Magnetometer 

2.31 

5. 1 

Solar wind probe 

2.72 

6.0 

Spacecraft Total (dry) 

179.76 

396. 3 

Propellant 

24.31 

53.6 

F*ressuraril 

0.05 

0. 1 

Orbit Insertion Motor Fx.pendables 

88. 72 

JL25..6 
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Or biter Spacecraft 

Thu orbiter spacecraft in launch configuration has a total mass of 
29Z. 84 kg (645. 6 lb) with the center of mass located 71 cm (28. 0 in. ) above 
the separation plane from the launch vehicle. The roll to transverse inertia 
ratio varies from a minimum value of 1. 62 to a maximum of 1 . 68 at end of 
life. This ratio provides good spin stability throughout the mission. 

A maximum diameter of 21i.4 cm (84. 0 in. ) and an overall length of 276.9 
cm (109. 0 in. ) allows for radial and longitudinal clearances from the allow- 
able payload envelope. 

The basic arrangement primary elements, i. e. , thrust tube, 
equipment shelf, substrate, struts, and hydrazine tanks, as previously noted, 
are identical to the probe bus. 

A right conical frustum installed at the upper end of the thrust tube 
provides for support and installation of the bearing and power transfer 
assembly (BAPTA). The high gain antenna (HGA) mast is attached tr the 
despun flange of the BAPTA and positions the center line of the HGA 121. 9 
cm (48 in. ) above the forward plane of the substrate. At this position, the 
11 deg beamwidth of the HGA maintains clearance with the radar altimeter 
mounted above the substrate and the radially deployed magnetometer. The 
wide beam (220 deg) omni antenna is located 45. 7 cm (18 in. ) above the HGA 
center line to maintain beam clearance with the reflector. 

Of nine specified payload experiments, all but one require physical 
accommodation on the spacecraft. The exception, radio occultation, will 
use the existing spacecraft RF subsystem. 

The magnetometer, langmuir probe, ion and neutral particle mass 
spectrometers are similar to those specified for the probe spacecraft. 
Therefore, their locations on the equipment shelf remain the same. For 
the ion and neutral particle mass spectrometers, a nominal pointing angle 
of 15 deg from the spin axis was established for the orbiter mission. This 
orientation allows the HGA and widebeam omni antenna to remain well 
outside of the experiments 30 deg field of view. The UV spectrometer, with 
line of sight pointed radially, is located at the shelf position used by the UV 
fluorescence experiment on the probcj bus. The subsystem unit shelf 
arrangement developed for the probe bus will accommodate the solar wind 
probe and IR radiometer experiments and several additional subsystem units 
with no rearrangement required. The additional experiments and subsystem 
units increased the thermal load on the shelf from that of the probe bus. 
Therefore, two thermal control louver modules are added to the bottom of 
the shelf, making a total of oiglit. 

The pointing angle for the riidar riltinietcr is determined by the 
periapsis latitude. For the Thor/I.hlta bas<4ine (26‘>N nominal periapsis), 
the angle is 64 deg from the spin axis. A reduction in latitude requires a 
corresponding increase in the pointing angle. If it should become desirable 
to low'er the periapsis latitude, only a slight change t <5 Ihe .spacecraft 


configuration is needed, i. e. . a minor increase in the HGA mast hei^t to 
maintain clearance between the HGA beam and the radar altimeter. For 
increases in latitude, the m »st may remain as is or be shortened. 

For the baseline Type II transit trajectory, a Thiokol TE-M-521 
solid propellant motor was selected to provide orbit insertion. The 44, 5 
cm (17. 6 in. ) diameter motor is easily accommodated in the thrust tube and 
is supported by a motor attach ring located near the upper end. 

For the other option, Type I transit trajectory, the candidate motor 
for insertion was an Aerojet SVM-2. This motor is larger in diameter, 

56. 6 cm (22. 3 in.), but can also be readily installed in the thrust tube, 
requiring only a change in motor attach rings. 
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,.4 ATI,A.S/Ch’NTAim nASKUNf: OESCRIFHON 

Atloa/Ci nw.ir d.'aiBn ‘1 ' IV 197V to use the Atlao/Centaor lauitoh 

reRireetion ot the stii.ly eltort .0 Apill It” to 
vehit:lo. 

Miss ion (Wij^ - ConUjiaCJ}i'XX£^.5‘il^ 

lo , rr(lir«'cted after midterm to one probe 

1,'he oaseline nassion plan w . _ probe launch is essen- 

and one orbiter a new issue is the tradeoff of 

tially the same as foi 1177. ^ for the multiprobe nussion and 

mission set case A, usin^ ^ Jrtnnitv for the orbiter or case with 
the ettrllor (May 1978 ^ t >978) opportunity 

both probe and orbiter launches in me lyn \ 

separated by several weeks. 

I .% M rtri 1 1 ti t'nci i? s are summarized 

The mission sets, launch "'‘as®* ..odate received in April 1973 is used 
in Table 3-16. The i5 ^ experiment weight contin- 

in these comparisons Including 3 i^) for 

gency specified by NASA-ARC . P 1° (100. 1 lb) for the orbiter 

the approac the dual-frequency occultation 

spacecraft. (4^7 ib) greater (with contingency) than that 

is estimated to be 2. 13 1 • orbiter experiment payload of 47. 54 

specified by NASA-ARC. Ihere o Accordingly since experiment 

kg ( 104. 8 lb) is used in the baseline design. Accorm^^^^ payload mass, the 

contingency has are incTuded in and apply to the dry 

contingency levels shown in Science The propellant loading assumed 

spacecraft less the bus or The spacecraft mass 

is for the spacecraft specified hi April by ARC for Atlas/ 

«cluL-?hu mass o£ tUe Intalsat IV attach 

fitting selected for the baseline design. 

Ik • Tnh’o ^ 16 show that the launch mass contingency 
Case A results in Tabm ^ the orbiter. Case B differs 

is liberal for the probe increLed for type I orbiter launch. The 

in that, the contingency is in science coverage, however, 

type I orbiter periapsis of 13°N is imtiior 

to the rj60S given by type II m Case A. 

To achieve adequate (»10 to Uve*^nTidterrn Atla^s/ 

for Case A, several revised to a shorter, single conical 

Centaur design. The cylinder-cone design saving about 10. 5 kg 

frustrum rathei' than th<^ t .wXrAmonaUtv between probe bus and orbiter 

(?.3 lb). All possible structural c uormitted use of a 5 A-h, cell 

has been preserved. Revis<«d . 'rather than the 7 A-h cell battery 

battery (common P^’oke hm, a ^le magnetometer boom was redesigned 

with a reduction of 2.91 kg (6. 4 lb). ^ h e mag ^ ^ Beryllium 

using boom segments assembly (BAPTA) saving 1.46 

tV(/.2 Ibi:’ Tht;..i:nStn'^ for these c hanges should not exceed 
$160K. 
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TABLE 3-16. MISSION SET/WEIGHT CONTINGENCY SUMMARY 














The type II (case A) orbiter will use a stretched TEM 5?1 mntnv 
m Volume 10 while the type I (case B) uses the heavier TEM 616 

accep.iuL', :.r “ 

e o that corresponding to the maximum propellant load of 333 ke /734 \h\ 

SjnrnoIT:^ “k"“ ?T^' th^thr^otor proLr.^ ’ 

ent need not be placed until the tenth month of the execution nhaRP Th 4 e 
allows maximum flexibility in selecting orbiter missions The 

mis”loas ^:„slde/eT «<=ommodate all 

been sefecled as case“ A '’ 1.1^1 ‘n^^h baseline mission design ha, 

the following reasons' ’ “• 56°S for the orbiter for 


• The probe mission has liberal launch mass contingency and the 
orbiter contingency is adequate for a design usingira^ppUcable 

common hardware from the probe spacecraft PPUcable 

• Type II orbiter mission provides superior science coverage 

• The type II orbiter mission avoids any potential problem associated 

tunity launches during the same 1978 type I oppor- 

• The orbiter design can accommodate changes required (e e 

altimeter antenna installation) for type I * 

1978 or type II, 1980 mission ’ 

Radio Occultation Experi me nt T rades 

A significant trade for the Atlas /Centaur orbiter is the * 

be used for the dual frequency radio occultation experiment RF^eam r °f 
t.ve angle, in the range, of *10 to *20 deg hav^ Se"rcr,lLrfd^i"ThU "Ida!' 

( au I'll e chan ic ally despun high gain antenna (HGA) reflector 8 r.lart «,4 

a7E‘r?h‘''Ti“- 
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TABLE 3-17. DUAL FREQUENCY OCCULT ATION TRADES 


























'^he communications requirements and implementation for radio 
nrcultation have been discussed in Volumo 7. The influence of this trnde ->n 
spacec^t cmitiBuratlon is reviewed here. Three appraaches .are sho*e and 

described in Table 3-17. 

1) Adding a fixed, separate 20 deg beamwidth X band horn antenna 
and a 3 W, TWTA transmitter for ±10 deg capability 

2 ) Adding a ±10 deg elevation positioner for the HGA reflector, 
which provides ±20 deg beam steering capability with a fixed 
dual S/X feed, and an 0 . 2 W X band solid state transmitter 

3) Adding a defocused X band feed to the fixed HGA and a 3 W TWTA 
transmitter and using precession of the spacecraft to achieve 
pointing to ±10 deg 

Table 3-17 summarizes the major issues of the trade selection. The 
mass and cost increments are those required to implement the S/X dual 
frequency occultation capability relative to a baseline sp^ecraft S ba 
communications subsystem using a mechanically 

mass and cost increment data for the three approaches are shown in Table 
3-18 for the required additions or modifications. 

Approach A, using the separate X band horn requires careful calibra- 
tion of the antenna pattern, since the refractive effects will 
by gain variations away fr-.m boresight. Approaches A ^ 
traLmitter power which is provided by use of an existing 3 W TWl amplifier. 
The difference in total dc power requirements for the three approaches is 
small and ^ neglected in the trade. Approach A is the s^plest to 
implement in design and operations, in lowest in cost and weight and has 
esimnlest experiment/ spacecraft interfaces. Because of its shorter lengt^, a 
common hSa mast length can be used for all! radar altimeter angle positions 

associated with other candidate missions. 

The moving reflector approach (B) provides the best science perfor- 
mance; refractive angles of ±20 deg can be accommodated relatively easily 
with some penalty in HGA antenna mast length. The effective 
to earth is measured directly using elevation positioner angle data. The tec^h- 
niaue of fixed feed and moving reflector require use of an elevation positioner 
mechanism (with ±10 deg capability) with associated cost/weight increases. 

A sQuib activated, "return to zero" elevation angle provision has been pro- 
videTto eUmfn^ a critical failure mode in case of failure of the nonredun- 
dant elevation drive and electronics. 

Approach C requires wMch o “c ulU- 

angle range of 40 refractive ,«rforrnance of 10 deg. 

tion data are required (at least 40 days) . 3. 17 produces 

beamwidth f.i’om .1 to 6 deg. 
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Approach A has been selected as baseline for following reasons: 

• Lowest cost, weight, and complexity 

• Adequate science performance, best experiment/spacecraft 
interface 

• High reliability 

• Simple mission operations 

The selected approach requires an increase in spacecraft (experiment) 
mass 2. 14 (1. 7 lb) greater (including contingency) than allocated by NASA- 
ARC for this experiment. 

Magnetometer Boom Installation 


At midterm the nominal science payload used for the study included 
a magnetometer for both the probe and orbijter mission. Since then a modified 
payload has been established and retains the magnetometer only for tlie 
orbiter mission. 

A previous study (see Volume 2) established that a minimum distance 
of 4. 4 m (14. 5 ft) would permit a relatively low magnetic control on the 
spacecraft to meet background requirements. A boom of this length necessi- 
tated a folding scheme to permit stowage during launch. On the probe bus 
the three small probes presented restrictions on the placement of the stowed 
boom in a plane at the forward end of the spacecraft and therefore, at midterm 
it was positioned parallel to the substrate for laimch for both spacecraft and 
deployed radially in a plane near the forward end. This installation can be 
seen in Volume 11. 

Since only the orbiter spacecraft now carries a magnetometer a. new 
study for boom installation was made. In addition to rigid articulated booms 
an extendable/retractable boom (ASTROMAST) was also investigated. The 
rigid booms are designed to accept orbit insertion loads, but the Astromast 
does not have that capability and must be retracted prior to motor firing. 
Details of the two types of boom may be found in Volume 9. 

The spacecraft is designed to be statically and dynamically balanced 
with the boom deployed for rigid type designs, and dynamically balanced when 
deployed and statically bah need when retracted for the Astromast type. The 
center of mass (c.n\. ) otlset incurred when the booms are stored present no 
problems to the launch vehicle but the Astromast must be retracted for orbit 
motor firing and at that time; the c. m. must be near the center line of thrust 
to minimize injection errors. 

Installations in a plane forward of. the substrate for articulated type 
booms, each approximately 4.42 m (14.3 ft) in deployed length, are depicted 
in Figures 3- 12 and 1 


i~ .) I 







In Figure 3-12 the three links are of equal length, has two hinged joints 
and is pivoted near the perimeter of the spacecraft. The arrangement shown 
in Figure 3-13 uses throe long links and two shorter links of equal lengths, 
four hinged joints and is pivoted near the shelf mid radius. Each of tnese 
arrangements car be accommodated within one quadrant of the upper surface 
leaving three quadrants unobstructed for science instrument viewing and 
other protuberances. 


In the interest of simplicity a one piece boom was considered. By 
making the boom curved a maximum separation distance of 2. 55 m (8. 38 ft) 
was obtainable. This would require more magnetic control than the longer 
booms and also sweeps over two of the upper surface quadrants when deploy- 
ing. Figure 3-14 shows this type of installation. 


The integration of the astromast presents the least restriction to 
placement of other equipment, such as star sensors, axial jets, etc. , in 
the upper pU.ne. The mast is housed in a cylindrical container ~17. 78 cm 
(7. 0 in. ) in diameter by 25. 4 cm (10. 0 in. ) long. The mast deploys radially 
and, therefore, is positioned near the shelf outer edge as shown in Figure 
3-15. 


For all installations depicted, the science instruments and spacecraft 
equipment were arranged such that nondeployment of the boom would not 
obscure their field of view. The failure mode of boom nondeployment intro- 
duces a pointing error for orbit injection. By increasing the spacecraft spin 
rate for motor burn from the planned rate of 25 rpm to 60 to 70 r pm the 
error will be reduced to approximately 2 deg. The effect on c. m. displace- 
ment find spin axis tilt for nondeployment is noted in Table 3-19 for the 
design used at midterm (for reference) for one, three, and five links (see 
Figures 3-12 through 3-14) and for the Astromast installation (see Figure 

3-15). 

The .approach shown in Figure 3-12 was selected for baseline. It 
offers minimal magnetic control requirement, lightest mass and fewer hinges 
(other than the curved one piece boom). 


C onfiguration Descriptions 

The probe and orbiter spacecraft baseline configuration are designed to 
lo accommodate the science payload as defined in Volume 2. Another major 
consideration in the approach to configuring tV..e spacecraft was the objective 
for maximum commonality between them in the interest of reducing program 
cost. This was achieved for many aspects and will be noted in the following 
descriptions of the spacecraft configuratic n. 

Inboard profiles, forward and aft end views, of the baseline spacecraft 
confiKurations for the multiprobe and orbiter missions are presented in 
Fiaures 3-16 and 3-17, respectively. Equipment sh«ilf arrangements for each 
spacecraft, with subsystem elements and science instrument locations noted, 
are depicted in Figures 3-18 and 3-19. A mass summary for major subsystem 
is presented in Table 3-20 and detailed mass statements m Tables 3-21, 3-22 

and 3-2 3. 
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FIGURE 3-1S. ASTROMAST MAGNETOMETER BOOM 


] 
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TABl.E }-19. MAGNETOMETER ROOM CHARACTERISTICS 


Condition 

Midterm 

Config- 

uration 

Three 
Equal 
I. ink 3 
(Figure 
3-12) 

Five 
I. ink 3 
(Figure 
3-13) 

Single 

Link 

(Figure 

3-14) 

Astromasi 

(Figure 

Stowed, transit 






spin axis tilt, 
deg 

8. 5 

5. 1 

5. 2 

3. 6 

3. 8 

C.M. offset, 
cm (in. ) 

2. 29 
( 0.90) 

1. 52 
( 0.60) 

1. 85 
( 0.73) 

0, 84 
( 0.33) 

0. 84 
( 0. 33) 

Stowed, post- 
orbit injection 



i 

1 



Spin axis tilt, 
deg 

3.9 

1.9 

1. 9 

1. 3 

1. 4 

C. M. offset, 
cm (in. ) 

3. 45 
( 1.36) 

2. 36 
( 0.93) 

2. 84 
( 1. 12) 

1. 30 
( 0.51) 

1. 30 
( 0.51) 

Boom system 
mass, kg (lb) 

3. 49 
( 7. 7 ) 

3. 27 
{ 7. 2 ) 

3. 81 
( 8.4 ) 

2. 27 
( 5.0 ) 

4. 13 
( 9. 1 ) 

Booir. Vnal-h ' , 
m (ft) 

4. 4 

(14.5 ) 

4. 4 

(14. 5 ) 

4. 4 

(14. 5 ) 

2. 5 

( 8.3 ) 

4. 4 

(14.5 ) 


'Measured from solar panel cylinder 
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I'AnLI-: i-^O. MA.SS SUMMARY BY MAJOR S[JB,SYSTKM 
- ATLAS/CENTAUR BASELINE 


Multiprobe 
Spa eet- raft Mass 


Orl)iter 

Spacecraft Mass 


Item/ Subsystem 


Comnumications subs y stem 

Data handling subsystem 

Command subsystem 

Controls subsystem 

Structure and harness 
subsystem 

Power subsystem 

Propulsion subsystem (dry) 

Orbit insertion motor case 

Bus total (dry) 

Large probe 
Small probe (3) 

Spacecraft subtotal 

Contipf’*" "c y 
Experiments (bus only) 

Spacecraft total (dry) 

Propellant 

Pressurant 

Orbit insertion motor 
expendables 

Spacecraft total (wet) 

S(>acecraft attach fitting 
T.avitu 'n vehicle payload 


191.46 

245. 12 
190. 78 

627. 36 



790.70 I 1743.2 


813. 

11 

31. 

30 

844. 

41 
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FIGURE 318. PROBE BUS SHELF ARRANGEMENT 
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W)IJX)UT FHAMI- 




CODE 

NOMENCLATURE 

NO. REQUIRED 

E 1 

MAONETOMETER 


•mi 


SOLAR WIND ANALYZER 



3 

ELECTRON TEMPERATURE PROSE 

1 


4 

NEUTRAL MASS SPECTROMETER 

1 


8 

ION MASS SPECTROMETER 

1 


6 

UV SPECTROMETER 

1 


7 

IR RADIOMETER 



8 

X BAND OCCULTATION 



9 

RADAR ALTIMETER 

m 

o 

»“ 

Ul 

RETARDING POTENTIAL ANALYZER 

1 






1 1 

TRANSPONDER 


- 

2 

HYBRID 

2 


3 

FILTER, Tx BP 

2 


4 

FILTER, HARMONIC 

2 


5 

CIRCULATOR 

2 


6 

SPOT SWITCH 

3 

_ 

7 

TRANSFER SWITCH 

3 

R 8 

POWER AMPLIFIER 

2 




0 1 

DUAL REMOTE MULTIPLEXER 

3 

i 2 

TM PROCESSOR 

2 

f 3 

DATA STORAGE 


D 4 

PCM ENCODER 

2 




C 1 

COMMAND DEMODULATOR 

2 


CENTRAL DECODER 

2 

1 3 

REMOTE DECODER 

6 

C 4 

PYRO CONTROL UNIT 

2 




A 1 

SUN SENSOR ASSEMBLY 

2 

i 2 

STAR SENSOR 

1 


3 

ATTITUDE DATA PROCESSOR 

2 


4 

DESPIN CONTROL ELECTRONICS 



S 

SOLENOID DRIVER 

1 


6 

NUTATION DAMPER 

1 

~p~ 

BAPTA 


A 8 

MAGNETOMETER DEPLOY ASSEMBLY 





P 1 

CHARGE/DISCHARGE CONTROLLER 

2 


2 

BUS LIMITER 

6 


3 

UNOERVOLTAGE SWITCH 

1 


4 

CURRENT SENSOR 

3 


5 

HEATER SWiTcH 

1 


6 

POWER INTERFACE UNIT 

1 

-«M 

nr 

BATTERY 

2 

CET] 

PROBE BATTERY CHARGER 

1 


fn)»M*e9ior 
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FUAMK 




NOMENrCATURE 

_ magnetom eter " — 

SQI.AR WIND ANALYZER! 

Electron i empera tu re prqbk 
^NEUTRAL mass SPECTROMETER 
^jON MASS SPECTRQM Efi^ 

_ UV SPECTROM ETER 

I Rad i ometer ’ 

X-BAND OCCULT ATIOiT" 

RADAR >^ TIMETeR 

retarding pot^ntiac anal yz¥r" 
transpoTTpI r “ “ 

HYBRID “ 

^LTER. TxBP " 

FIL TER, HARMONIC 

CIRCULATOR “ ' " 

SPOT SWITCH ' 

TRANSFER SWITCH 
POWER AMPLIFIER 

DUAL REMOTE MULTIPLEXER 
TM PROCESSOR 

DATA STORAGE 

PCM ENCODER 

COMMAND DEMODULATOR 

centraiTdecode^ “ 

REMOTE DECODER 
^YRO CONTROiTUNIT 


NO. REQUIRED 



. ** ^ ^ /•» Cm, 

vrrrnrrr, , rlT—ri 

«• Men 

. sc/ll e 


^ANGEMENT 


SUN SENSOR ASSEMBLY 

s tar sensor 

attitude DATA PROCESSOR 

OESPiN control electronics 
solenoid Dri ver" " 
nutation damper 

BAPTA 

magnetometer qeploTassembly 

charge/discharge controlleI^ 

BUS limiter [ 

under voltage switch * 

"current sen^o r " " 

H EATER SWITCH " 

‘ POWER INTE^^ljNIT 

"battery 

PROBE BATTERY CHARGER 



ln}6»S'T9T0£ 



TABLE 3-21. 


dp:tail mass statement probe spacecraft 

ATLAS/CENTAUR BASELINE 


Description 


Communications subsystem 

Transponder (2) 

Hybrid (2) 

Filter - TxBP (2) 

Filter - harmonic (2) 
Circulator - isolator (2) 
SPDT switch (3) 
Transfer switch (3) 
Power amplifier (2) 
Coax 

Bicone antenna 
Medium gain antenna 
Omni (wide beam) 

Omni (narrow beam) 


Data handling subsystem 

Remote multiplexers (3) 
Telemetry Processor (2) 
PCM encoder (2) 


Comman-1 subsystem 

Command demodulator (2) 
Central decoder (2) 
Remote decoder (6) 

Pyro control unit (2) 


Controls subsystem 

Sun sensor assembly (2) 
Star sensor 

Attitude data processor (2) 
Sol enoid driver 
Nutation damper 
Separation switch (2) 
Louver (10) 


Mass 




14. 24 

3.99 
0. 05 
0. 91 
0. 09 
0. 23 
0. 36 

0. 95 
1.72 

1. 13 
3. 45 
0. 71 
0.27 
0. 18 


7. 80 

1, 09 
?. 63 
08 


lb 


31.4 

8 . 8 
0 . 1 
2.0 
0 . 2 
0. 5 

0. a 
2 . 1 
3.8 
2. 5 
7.6 
2 . 0 
0.6 
0.4 


17. 2 

2.4 
8 . 0 
6.8 


9.84 

21.7 

2. 54 

5.6 

4. 26 

9.4 

1.91 

4. 2 

1. 13 

2.5 

11.89 

26. 2 

0. 32 

0.7 

2. 49 

9. 5 

3. 27 

7, 2 

1, 04 

2. 3 

1 . 36 

3. 0 

0. 45 

1.0 

2. 95 

6. 5 


TAI^l.K (CJontinued) 


Mas 


Description 


lb 

Struc’Uire iiid harness subsystem 

106. 68 

235. 2 

KquipmcMit shelf 

21. 09 

46. 5 

Slu‘lf support struts 

1 . 96 

4. 3 

Strut fittingti 

1. 54 

3. 4 

Thrust tube 

14. 47 

31.9 

Large probe attach structure 

13. 83 

30. 5 

Omni boom (2) 

0. 18 

0. 4 

Medium gain antenna bracketry 

I. 36 

3. 0 

Bicone antenna support structure 

1. 36 

3. 0 

Cylindrical substrate 

13. 83 

30. 5 

Small probe attach structurt^ 

4. 58 

10. 1 

Propellant tank support 

1. 77 

3. 9 

Thruster support 

2. 72 

6. 0 

Balance weight 

2. 72 

6. 0 

Miscellaneous hardware 

1. 81 

4. 0 

Thermal blankets 

11. 43 

25. 2 

Shelf doublers 

2. 27 

5. 0 

Thermal coatings 

0. 91 

2. 0 

Temperature sensors 

0. C9 

0. 2 

Wire harness 

8. 75 

19. 3 

Power subsystem 

29. 44 

64. 9 

Battery (2) 

11.16 

24. 6 

Undervoltage switch 

0. 77 

1. 7 

Charge/discharge controllers (2) 

3. 36 

7. 4 

1 Bus limiter (5) 

3. 13 

6. 9 

Solar array (excludes substrate) 

7,57 

16. 7 

Power interface unit 

0. 68 

1. 5 

Current sensors (3) 

0. 50 

1. 1 

Probe battery charger 

1. 81 

4. 0 

Heater switch unit (2) 

0. 45 

1. 0 



?- (Continued ) 


lj£ScHptio n 

Propulsion Subsystem (dry) 

Propellant tanks (2) 
Tlirusters (6) 

Propellant valve (6) 

Latch valve (c) 

Fill valve 
Filter (4) 

Pressure transducer 

Tubing 

Fittings 

Thruster valve heaters (6) 
Thruster insulation (6) 
Temperature sensors (8) 
Propellant plenums (2) 
Propellant tank heater (2) 


Bus total (dry) 


Large probe 

Deceleration module 

Heat shield subsystem 
Heat shield 

Structure subsystem 
Aeroshell structure 
Internal structure 
Ballast 

Aft cover structure 
Aft cover insulation 

Instrumentatioti and harness 
Ablation sensor 
Temperatur<3 scns( s (3) 
Wire harness 



subsy stem 




11.57 

5 . 35 
1. 63 
1 . 36 
0 . 54 
0 . 14 
0 . 54 
0 . 23 
'' 32 
45 
a. u5 
0 . 45 
0 . 09 
0 . 14 
0 . 27 


191.46 


245 . 12 
92.62 


( 35 . 52 ) 
35 . 52 

( 47 . 99 ) 
15 . 47 
23 . 68 
1. 36 
7 . 48 


( 1 . 91 ) 
0 . 14 
0 . 05 
1. 72 


Mass 

Tb 


25 . 5 

II. a 

3 . 6 
3 , 0 
1 . 2 

0 . 3 

1 . 2 

0 . 5 

0 . 7 

1 . 0 
Q. 1 
1 . 0 
0 . 2 
0 . 3 
0.6 


422 . 1 



540 . 4 

204 . 2 

( 78 . 3 ) 

78.3 

( 105 . 8 ) 
34 . 1 
52 . 2 
3 . 0 
16 . 5 


( 4 . 2 ) 
0 . 3 
0 . 1 
3 . 8 


3-75 


rAm.K i- 2 l (Contiimed) 


— ^ ^ I f — 

f^araclniti' suhsy ijlnni 
M<iin paa'acliutu 
Pilot c}iuit‘ 
iVlutor 

K'xplosivr nut asacnnbly (J) 

■‘’I'pa ration subsystem 

Bus separation explosive, • nut 
assombh (3) 


(‘ 1 . 72 ) 
3 . 27 
0 . 50 
0 . 4 5 
0 . 50 

( 2 , 49 ) 

. 45 
0 . 77 
0 . 59 

0 . 68 


Pressure Vessel Module 

Cmiimunications subsystem 
1 J'uniipondcr 
Filter, TxBP 
Filter, harmonic 
Circulator 
Output amplifier (4) 

Oriver 
Isolator (2) 

SaxL7*'' /divider (2) 

Hemispheric omni antenna 

Command and data handling subsystem 
Command/data unit '^^system 

Pyro control unit 
Acceleration switch (2) 

Pressure switch (2) 

Power subsystem 
Battery 

Power interface unit 
Current sensor 


152. 50 

( 5 . 99 ; 
2 . 00 
0 . 45 
0 . 05 
0 . 09 
2 . 18 
0 . 23 
0 . 23 
0 . 18 
0 . 32 

0 . 27 

( 3 . 54 ) 

1 . 95 
1.18 
0 . 23 
0. 18 

( 12 . 93 ) 
10 . 52 
2 . 22 
0 . 18 


336.2 

( 13 . 2 ) 
4 . 4 
1 . 0 
0 . 1 
0 , 2 
4 . 8 
0 . 5 
0 . 5 
0 . 4 
0 . 8 
0 . 5 

( 7 . 8 ) 
4.3 
2 . 6 
0 . 5 
0 . 4 

( 28 . 5 ) 
23 . 2 
4 , 9 
0 . 4 
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TAfiLK i-21 (Continued) 


Description 

Structurt* itnd iiarncsa .sut)syst(^m 
Aerodynamic fairing 
Prt'ssure veascl a hell 
Insulating retainer 
Shelves (2) (includes heat sink) 
Shelf interconnect 
Adapter 
Flanges (2) 

Main, pressure seal 
Pressure gauge 
Stra'n gauges (3) 

Wire harness, external 
Wire harness, internal 
Cable cutter assennbly 
Penetrations 

Electrical feed throuehs (5) 
Ports (5) 

Windows (3) 

Insulation 

Temperature sensors (5) 
Heaters (air) 

Miscellaneous hardware 

Scientific instruments 
Temperature gauge 
Pressure gauge 
Accelerometers 
Neutral mass spectrometer 
Cloud particle size analyzer 
Solar radiometer 
Gas chromatograph 
Wind altitude radar 
Hygrometer 
IR flux radiometer 

Small probe (3) 

Small probe (1) 


Mass 


kg 

lb 

(98.41) 

(217. 0) 

4. 03 

9. 0 

47. 36 

1 04. 4 

2. 27 

5. 0 

23. 68 

52. 2 

3. 36 

7.4 

3. 90 

8. 6 

8. 80 

19. 4 

0. 18 

0. 4 

0. 27 

C. 6 

0. 14 

0. 3 

0. 73 

1. 6 

0. 18 

0. 4 

(1.27) 

(2.8) 

0. 09 

. 2 

0. 45 

1. 0 

0. 73 

1. 6 

1. 13 

2. 5 

0. 05 

0. 1 

0. 14 

0. 3 

0. 91 

2. 0 

(31. 62) 

(69. 7) 

. 36 

0. 8 

. 45 

1. 0 

1. 32 

2. 9 

10.43 

23. 0 

4. 17 

9. 2 

2. 63 

5. 8 

4. 45 

9. 8 

4. 58 

10. 1 

0. 59 

1. 3 

2. 63 

0. 8 

190. 78 

420. 6 

63. 59 

140. 2 

j 
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i 


T A B ^ ^ ^ 

Destription 


Df’ccleration module 

Heal: shield subsystem 
Heat shield 

Sti’ucture subsystem 
Aero shell structure 
Internal structure 
Fins (4) 

Pressure port adapter 
Ballast 

Harness subsystem 
Wire harness 

Separ at ion / de sign subsy stem 
Spin rockets (2) 

Bolt thruster 
Hinge arm and open latch 
In-£Ugbt disconnect 

Pressure vessel module 

Communications subsystem 

fratlec.cUla.or (see scientiftc 
instruments) 

Output amplifier 
Isolator 
Driver 

Coaxial . 

Hemispheric omni antenna 

Command and data handlina .ub.yatem 
Command/ data unit 
Regulator unit 
Pyro control unit 

Acceleration switch (2) 

Pressure switch (2) 

Power subsystem 
Battery 

Power interface unit 
Current sensor 



(J 




3-78 


- 1 » ued ) 


I^escriptioti 


Pressure vessel shell 

Su,x‘"Sr 

sieln;:.S'eirec“f"“ ’■'“• 

Flanges (2) 

Main pressure seal 
pressure gauge 
Antenna cover 
Fin adapters (4) 

Temperatur^ Sauge support arm 
harness, external! i 

Pe"Sr" f 

piuf ;ir‘ »' 

Windows (2) 


^®^P®^ature sensors ( 4 ) 
Miscellaneous hardware 
^ternal insulation 
•^eaters (air) 


Scientific instruments 
^emperature gauge 
pressure gauge 
Nephelometer 
Accel erorneter 
in flux detector 
Stable oscillator 


Spacecraft subtotal 


(26. 08) 
10. 07 
0 . 1 8 
1. 04 
8.26 
1. 32 
2. 31 


0.18 
0. 05 
0. 09 
0. 23 
0. 14 
0. 23 
0. 14 
0. 27 


(0. 41) 
0. 05 
0 . 09 
0.27 


0. 05 
0 . 68 
0. 56 
0. 09 


(2. 63) 
0.36 
0. 45 
0. 54 
0. 23 
0. 64 
0.41 


627. 36 


Contingencv 


ii9. 59 


3^79 


sasdiULmU't 


rABLE 3-21 (Continued) 


I ~ — 

Description 

Mass 


lb 

Experiments (bus) 

13.74 

30. 3 

Neutral mass spectrometer 

6.26 

13. 8 

Ion mass spectrometer 

1. 81 

4 n 

Electron temperature probe 

1. 13 

2 5 

UV spectrometer 

3. 13 

A O 

Retarding potential analyzer 

1.41 

O* T 

3. 1 

Spacecraft total (dry) 

790. 70 

1743.2 

Propellant 

22.23 

49. 0 

Pressurant 

0. 18 

I 

0.4 

Spacecraft total (wet) 

813. 11 

1792.6 

Spacecraft attach fitting 

31.30 

69.0 

Launch vehicle payload 

844.41 

1861. 6 


3 -HO 




ITcliltt 




mass statpjment orbitp:p 

MISSION -- ATLAS/CENT AUK BASI'.'i.INE 


•fft 


3^81 


Description 

Mans 

kg 

lb 

Comniuriications subs y stem 

12. 84 

28. 3 

Transponder (2) 

Hybrid (4) 

Filter - TxBP (2) 

Filtei - harmonic (2) 
Circulator - isolator (2) 
SPDT switch (6) 
Transfer switch 
Power amplifier (4) 
Coax cables 
High gain antenna 
Omni (widebeam) 

Omni (narrowbeam) 

3.99 
0. 09 
0. 91 
0. 09 
0.23 
0. 68 
0. 32 
3.45 
1.22 
1. 41 
0.27 
0. 18 

8. 8 
0.2 
2,0 
0.2 
0.5 
1.5 
0.7 
7. 6 

2. 7 

3. 1 
0. 6 
0.4 

Data handling subsystem 

16. 87 

37.2 

Remote multiplexers (3) 
Telemetry processor (2) 
Data storage unit (2) 
PCM encoder (2) 

1. 09 
3.63 
9. 07 
3. 08 

2.4 
8. 0 
20.0 
6. 8 

Command subsystem 

9. 84 

21.7 

Command demodulator (2) 
Central decoder (2) 
Remote decoder (6) 

Pyro control unit (2) 

2. 54 
4. 26 
1. 90 
1. 13 

5. 6 
9.4 
4.2 
2. 5 

Control Subsystem 

26. 26 

57.9 

Sun sensor assembly (2) 

£)tar sensor 

Attitude data processor (2) 

Despin control electronics (2) 
Solenoid driver 
Nutation riaoiper 
BAPTA 

Magnetometer deploymet)t mechanisn 
Separation swBch (2) 

Do over (12) 

0. 32 

2. 49 
3,27 

3. 90 
1 . 04 
1, 3o 
6. 62 

’ 3.27 

0.45 
3, 54 

0. 7 
5.5 
7.2 
8. 6 

2. 3 

3. 0 
14. 6 

7.2 
1 . 0 
7. 8 

' ” ■ ■ ■ ‘ - ■ -■ — - 

- 








f ABLK 3-2<d. (Continued) 


Descriptiot 


Struf'tiu'e subsysterti 


Equipment shelf 
Shelf support struts 
Strut fittings 
Thrust tube 
BAPTA support 
High gain antenna mast 
Omni and X-band mast (2) 
Cylindrical substrate 
Propellant tank supports (2) 
Thruster supports (7) 

Motor attach ring 
Balance weights 
RE altimeter support 
Miscellaneous hardware 
Thermal blanket 
Shelf doubler 
Thermal coating 
Temperature sensor (21) 
Wire harness 



Power subsystem 


Battery (2) 

Undervoltage switch 

Solar array (excludes substrate) 

Bus limiter (6) 

Charge/discharge controller (2) 
Overload control unit (2) 

Current sensors (3) 

Heater switch unit 


Propulsion subsystem (dry) 


Propellant tanks (2) 
Thrusters (7) 

Propellant valve (7) 
Latching valve (2) 

Fill valve 
Filter (4) 

Pressuie transducer 

Tubing 

Fittings 

Thruster valve l^eaters (7) 


96. 03 


21 . 09 
1.95 
1.54 
14. 47 
2 . 22 
2. 59 
0. 32 
13. 83 


11. 16 
0, 77 
8. 39 
3. 76 
3. 36 
2. 72 
0. 50 
0.23 


12.29 


3-82 




211.7 


24.6 
1.7 
1C. 5 
8. 3 
7.4 
6.0 
1 . 1 
0.5 


27. 1 






TABLE i-22 (Continued) 


Mass 


Description 

Thruster insulation (7) 
Temperature sensors (9) 
Propellant plenum 
Propellant tank heaters (2) 

Orbit insertion motor case 

Motor case (burned out) 

Nozzle heater 
Temperature sensor (2) 

Bus total (dry) 

Spacecraft subtotal 

Contingency 

Experiments (bus only) 

Magnetometer 
Solar wind analyzer 
Electron temperature probe 
Neutral mass spectrometer 
Ion mass spectrometer 
Ultraviolet spectrometer 
IR radiometer 
Radar altimeter 
X-band occultation 
X~band driver 
X.band TWTA 
Isolator 
Rotary joint 
Coax 
Antenna 

Contingency (15 percent) 
Spacecraft total (dry) 

Propellant 

Pressurant 

Orbit insertion motor expendables 
Spacecraft total (wet) 

Spacecraft attach fitting 
J.aunch vehicle payload 




0. 54 
0. 09 
0. 14 
0.27 

12.58 

12.52 
0. 04 
0. 02 

217. 59 

217. 59 

25.31 

47.54 

4. 04 
5.76 
1. 59 
6.26 
1. 68 
6.26 
6.26 
10.43 
(5.26) 
1. 36 
2.27 
0. 05 
0 . 41 
0.27 
0.23 
0 . 68 

290.44 

26. 76 

0.2 0 
143. 3 6 
460, 70 


31. 30 
492. 00 


lb 


1.2 
0.2 
C. 3 
0 . 6 

27. 7 

27. 6 
0 . 1 
0 . 0 

479. 7 

479.7 

55. 8 

104, 8 

8.9 

12. 7 

3.5 

13. 8 
3.7 

13. 8 
13. 8 
23. 0 
( 11 . 6 ) 
3. 0 
5. 0 
0 . 1 
0.9 
0 . 6 
0.5 

1.5 


6£^ 

1 

59. 

jO 

O j 

4 

316. 

[ ® 

1015, 

7 

69, 

0 

1084. 

7 
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TABLE 3-Z3. VENUS MASS PROPERTIES ANALYSIS 
ATLAS/CENTAUR BASELINE MISSION PROFILE 
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. 1 -^” launch confij>uration the probe bus ha.,^ a mass of 813. I ke (1792.6 
lb) with c.m. located 134.6 cm (53 m. ) above the separation plane from the 
launch vehicle. The roll to transverse inertia ratio varies from a minimum 
value of 1. 26 at launch to 1. 60 after release of all probes. This inertia 

stability. A maximum diameter of 254 cm 
(100 m. ) and an overall length of 287 cm (113 in. ) when in launch configura- 
tion allows for generous radial and longitudinal clearances from the allowa- 
ble payload dynamic envelope. 

An Intelsat IV spacecraft attach fitting was selected for use on the 
launch vehicle. The interface diameter of 112 cm (44.2 in.) permits a larger 
view factor from the spacecraft aft end than the Mariner 140 cm (55 in. ) 
diameter and permits a larger spacecraft mass than that allowed if the Delta 
spin table and 3731 fitting are used. 

The basic arrangement is composed of the following primary ele- 
ments. A right conical frustum forms the central thrust tube. The large 
diameter mates to the Intelsat IV launch vehicle spacecraft adapter. A cir- 
cular shelf for the mounting of subsystem units and science instruments is 
positioned at the upper end of the thrust tube. Twelve equally spaced support 
struts are attached at the shelf perimeter and extend radially to the thrust 
tube lower end. A cylindrical substrate surrounds the shelf and is positioned 
so as to provide an enclosed volume for housing equipment above and below the 
shelf. The substrate extends sufficiently below the shelf to permit the solar 
array to be mounted entirely in that area, except for patching above the shelf 
line, to accomrnodate cutouts in the panel for radial thrusters. The length 
below the shelf is sized for the larger array required on the orbiter mission 
and IS Kept the same for the probe bus for commonality. This also allows the 
upper substrate area to have apertures, etc, , wherever required without 
interfering with the array. 

Located beneath the shelf and supported from the thrust tube are two 
hydrazine propellant tanks positioned diametrically opposite each other and 
between struts. This arrangement facilitates assembly of the shelf and thrust 
tube without disturbing the tank installation. Also, by being below the shelf 
the upper shelf surface and compartment volume are entirely available for 
mounting and positioning of subsystem units and science instruments. This 
basic arrangement of thrust tube, shelf, etc, is identical for probe and orbiter 
spacecraft. 

An inverted i ight conical frustum adapter installed at the upper end of 
the thrust tube provides for support and installation of the ’ >.rge probe. The 
mechanical interface with the probe occurs at three attach xittings equally 
spaced at the upper end of the adapter. Fhe three smaller probes are posi- 
tioned symmetrically around the adapter and are supported by structural ele- 
ments extending radially from the adapter and vertically to the shelf. 

Separation of the large probe is in an axial direction vdth a small 
AV being applied from spring?, located at each attach fitting. After large 


jUlilii' .sc|>a ration tlu> throe smaller proire are rtrleased simultaneously. They 
st'|iarate in a (anpential <tirection to the spaeeeaatt with a AV cliu' to th(» space- 
eraft spin. As they leave in the lateral «lirection they trace a spiral path, in 
spaeecratt ei)ordinatf;s, and opposite in direction to the spacecraft spin, ov«‘r 
the npp<'r surface of the spacecraft. Therefore, this rej^ion is kept free of 
protnherane es above the forward plane of tlu> substrate. 

Throe of the* bus science instruments, the i<jn and neutral mass spec- 
tromjters, and the retarding potemtial analyzer (RPA), require an unob- 
structed conical field of view in the direction of the; velocity vector and parallel 
to the sj)in axis, after probe release. These instruments arc positioned to 
look bc'twoen the small probes such that clearance with probe support sti’ucture 
and other spacc;craft appendages is ensured. The ultraviolet spectrometer 
has a small pointing angle forward off the spin axis and the electron tcrnpcra~ 
ture probe is 90 deg to the spin axis and arc positioned at the shelf outer edge. 

The other stibsystern units arc^ arranged on the shelf in a manner that 
provides for functional grouping and balanced mass and thermal distribution. 
Sufficient space exists on the shelf to permit units to be repositioned if their 
thermal or mass distributions should change. Ten thermal control louvers 
are attached to the lower surface of the shelf and will control the thermal 
radiation out of the aft cavity. Units that tend to dissipate large amounts of 
energy are located over, or near as possible, to the locations of the louvers 
to minimize the amount of conductive material required to be added to the 
shelf. Identical shelf. locations are maintained for the majority of those units, 
and thermal control louvers that are common to both probe and orbiter space- 
craft. This feature can be seen by comparison of Figures 3-18 and 3-19. 

A dual bicone antenna, with a 360 deg beam in a plane normal to the 
spin axis and 3 0 deg in elevation, and a wide beam omni antenna (220 deg 
beam), are positioned on the spacecraft centerline ?ft of the thrust tube. The 
Intelsat IV spacecraft adapter h«s sufficient usable internal diameter and 
length to (.permit the antennas to be mounted on a nondeployable support struc- 
ture at a distance from the end of the spacecraft thrust tube sufficient to 
provide them with an unobstructed rf beam field. Adequate clearance between 
the antennas and the attach fitting exists to provide for separation tipoff 
conditions. 

A modiunx gain horn antenna, with a 45. 7 cm (18. 0 in. ) aperture and 
a conical beam angle of 20 deg, is attached at the shelf aft side and pointed 
parallel with the spacecraft c(.!nt..rline. The antenna is placed in the same 
sector as one of the hydrazine tanks to minitxuzc potential partial blockage 
of a louver view. 

The star sensor line of sight required is 58 deg from the spin axis on 
the forward end of the spacecraft and has a 25 deg field of vi('w. By placing 
it midway Ix'twoi'ii two of the small pr«dx,‘t, and at tlie outer pxjvimeter of th<! 
shelf possible' reflx-etions off the spaecicraft are prevented from x'ntcring the 
.sxuisMeld. Three stxn sensors, with a cotnbined field o,( view of 150 deg in 
a plane rontaininj!; tlie spit) a>i'i and centered ahont a normal to tlx' axis, are 
located at the outer (u -rittM'ter of tlie svihstrate, iti a location .free ol extensions, 
to prevent falst rcaxbngs due to spacccra.lt r eflecticms. 
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460.7 — or 

above .be separation piano trom U,e iLTch veh“eUe “' •?^ ^ ‘ > 

inertia ratio varies from a minimum value rf i Ia\ i-ansverae 

end of life. Like the probe bus the or^>i^ • 34 to a maximum oi 1 , 68 at 
assures adequate spin stability *throuchout*^rb inertia ratio range 

of 254. 0 cm (100. 0 in. ) and an overafueneth diameter 

generous radial and longitudinal clearance^ from in.) provides for 

mic envelope. i-^earances from the allowable payload dyna- 

men. .belt s“iLrS.«.t *ube. equip. 

identical to the probe bus. ^ tanks, as previously noted are 

at the upper end of SI? thru°st tube^andSDro°*^ the Tele sat design is installed 

?H<STi power transfer assembl? (BAPTAT^’^Xr 

(HGA) mast is attached to the despun flanee of rao'??® antenna 

centerline of the HGA 97. 8 cm (38 5 in 1 and positions the 

strate. ^ > ^^ove the forward plane of the sub- 

for the probe bus. Thes??le1:he^electr^^^^ similar to those specified 

spectrometer, and the io^and neutri ma" UltrLiolet 

the same shelf positions as for the probe bus Kt ??th ? ff 

except for the electron temperature proL which ? ^ different pointing angles, 
and neutral mass spectrometers are^Doinf-cH ^ remains the same. The ion 
axis in a forward direction and are rear th#» ^6 deg from the spin 

provides clearance from the HGA for thei^ 

uUravipla. spac.romator and aoUr windTn Jrur/ptl ^.a 

deg to the spin axis thus are located at the shelf ^ 7 pointing angles 90 
with apertures through the substrate The r. edge and are provided 

thraa link ar«auiatad boom l^rdfstanca of T“£‘? n f '//f by * 

craft cantarlina in a plana just forw.va r.f n * {18.5 ft) from tha space, 

is folded and stowed above the substrate at Ibe boom 

mants having forward pointing Ciar Thus ^f l^h k 'i 
aeploy it would not causa bloc^agf r^Vny "o^f^h^s^i^ntTnst^^^^ 

the periapsis latitude. ^l'or°th('*Atlas/^C ^tenna is determined by 

sis latitude) tha angia i, 4 dag fr m I^rsoin". '“““".t ® ■’“'"‘"“1 P'"^“P- 

To maintain radar beam (~ lO^rtag m olava«l? ? “ <«recllon. 

radar antenna is located at the outer e^ee^f^h the HGA the 

the forward plane of the solar panel cylindricaf ^^°^e 

apsis latitude requires a corresponding increase i^fh ^ reduction in peri- 

angle. The HGA is positioned such that clcaran i f^dar antenna pointing 
the radar antenna is rT.ainlainod ?hen thn i!h • ® between the HGA beam and 
tuda „f )5 dag. Thus, 11 U iu.uW h" amna '“f " '’‘'-‘»P“‘» >4«- 

Untuda from the salaatad 56 deg u, ana as low as n ,P “■ 

of tha radar antenna to tha new pointing angle is requiradr''' “ '''^P“’'‘''“"''S 


I* iii(' ri cult^t i on t*xpt- rinw*iit X l^und t. rtinsn^ittt.*r dncJ ^ ^0 tl<‘^ 
lu an. width X l»and trausmiUer it- located on the equipment shelf and the 
antenna is pnsitioni'tl above the HGA on tlu> despun mast. This antenna 
joeation will provide clearance bcttwecn the 20 de>> h«;am and the maf/ntdo- 
nieti r and boom. 


The subsystem unit shelf arrangement lor the probe bus was developed 
to maintain commonality of location for units for probe and orbiter wherevc;r 
possible, and also permit the orbiter additional science instrumciits to he 
added without requiring a major vc'arrangement of the equipment. The addi- 
tional equipment increases the thermal load on the shelf from that of the 
probe bus and two additional thermal control louver modules are added to 
the rholf lower surface to accommodate the increase. 


For the baseline type II transit trajectory, the Thiokol modified 
TE-M..521 solid propellant motor is selected to provide orbit insertion. A 
motor attach ring is added internally to the thrust tube tc provide for installa- 
tion of the 44. 5 cm (17. 5 in. ) by ~114 cm (45 in. ) long motor. 


For the alternate type I transit trajectory the candidate insertion 
motor is the Thiokol TE-M-616 solid propellant motor. This motor is some- 
what larger, 69. 3 cm (27. 3 in. ) diameter by 123.7 cm (48. 7 in. ) long, but 
can also be accommodated by merely changing motor attach rings. 
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STRUCTURfJ SUBSY.STl'.'M 


dcs.an ' riter,a provide a set of design conditions, .■equiremoMs nd obi-I 
desTv'n "''’■'j; ‘mpUmented will insure structural integr ity. Loads'^ind 

^,o°t1r^ral 


In order to verify compliance with structural subsystem d“aiun 
tomedTorlh:. ™hor/'*Da!!ri"®“'r‘‘ *“«■"=“■ " dynamic Lalysis'wa“; per- 

vehicles prZ .n^ruJr''" 

rent°.hrsWfn‘‘ '’'' f ""r ^ ■^espeettveTyr whTch\%pre"‘" 

it the stiffness characteristics of the spacecraft ^ 

mathematical models, analyses were then performed to determine ^ter^nal 

frequencies. The loads were subsequently 

Funri-im i- analysis to insure adequate structural capability 

Fundamental vehicle resonances were determined to occur at 23 

and 64 Hz axially for the probe spacecraft and at 12 Hz laterallv 
and 65 Hz axially for the orbiter snacerraft la nz laterally 

denign goaic of lo Hz laturauTL 3 = 3 rHra“\aUy'.^ hu'sTro 7 bU^ 
rcaonanoa at 12 Hz dooz not moat the design goll. However M. feirtt,t 
hts ,s not a serious problem since the 12 Hz resonanca r^sits from amfnna 
arm'd- “"■? "'■‘- 1 ' “ 12 - S Hz fundamental resonant for th^ 

culties! '** 2 ’elesat spacecraft which has experienced no structural dlffi- 


=, ,1 I y*'® beryUiu.m is considered for application on the probe bus 

and orbiter spacecraft for the Thor/Delta configuration only. fh^Thor/ 
elta configuration is weight critical whereas the Atlas/Centaur version is 
more concerned with economic considerations. Beryllium structural 
eiements are employed on the Thor/Delta spacecraft in areas where Hughes 
* experience With beryllium shows that such elements could be^ 
reliably manufactured and assembled. A.iplicati on of beryllium resulted in 

^ ^ pi’obe bus spacecraft and 2. 5 ke 

and Si40 spacecraft. Respective cost increas(>s of $163, 800 

< id $40,300 for four spacecraft was associated with the use of berylhUm. 
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'J'hf ck'tii ri].>tioii» uf Itio 'J'hur/]3eUa {wub.st-<:t.ion 4. 3) and Atlas/ Centaur 
l.iseinu' (.suhnec tion 4. 4) structural c cnifi rat ions emphasv;&e th't fundaaunilai 
1 ffojl to ai luevc' a dej.'retj ol commonality hf;tvv<u;ii the jjroljt! bus and 

iiiliili-i ,'.pm cu raft. This is suci essfully achieved with a desij>n which makes 
use of a 1 oinmon th'uat tube, etjiiipfnent shcdf, shelf su})port struts, prcjpul- 
sion support struc ture;, solar panel sulist rati; and suppcjrt fittiiif^s. It is 
c-slimatc-d that an $l,04i',C00 cost savings will be rcali/.ed for the ovi:rall 
l>ronraiiv recpii rcmients in live structural subsystcjni arcta as a dirc;c:t riisult nf 
tlu' em))luymeut of these common structural elements for the pr.-be bus «.,.d 
orbiter spacecraft. This estimate applicis to either the Thur/Delta cvr Atlas/ 
CcMilau r confif^u rat ions. 

4. I STRUCTURAL SUBSYSTEM REQUIREMENTS 

The structural subsystem is required to meet the critical condition of 
launch and provide a suitable environment for the equipment mounted to it. 

This section includes the basic structural design requirements for the strv '. - 
tural subsystem, and a summary of the preliminary dynamic analyses per- 
formed for the Thor/Delta spacecraft together with spacecraft quasi-static 
and dynamic load requirements for both the Thor/Delta and Atlas/Centaur 
boost vehicles. Structural design requirements for the probes are presented 
in Volume 5. 

Structural Design Requirements 

The structure shall possess sufficient strength, rigidity, and other 
necessary characteristics required to survive the critical loading conditions 
which e <is*^ within the envelope of mission requirements and it shall be 
designed to achieve: minimu weight wherever possible. 

The design load envirenrnent for the Thor/Delta and Atlas/Centaur 
spacecraft are shown in Tables 4-1 and 4-2, 

The uniform quasi-static loads factors to which the vehicle will be 
subjected are shown in Table 4-1. These loads are based upon critical flight 
conditiens and are ultimate factors. 

In addition to the above uniform quasi -static load condition, nonuniform 
lateral quasi-static conditions will be used in the vehicle design. These non- 
uniform conditions represent the first mode flexibility and mode shape which 
is normally excited at ’iftoff. Typically these nonuniform lateral loads take 
the form of a parabolic curve extending from a maximum level at the upper- 
most point of the spacecraft and decreasing to a minimum value at the base 
of thu adidptur. 

i'he design qualification dynamic load environment for both the Thor/ 
Delta am’ Atlas Centaur spacecraft are presented in Taole 4-2. These con- 
sist of unnctchcd sinusoidal and random test levels applied at the base of the 
1' .oster adapter. The load conditions of Table 4-2 are intended to simulate 
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■ABI.E 4 - 1, OUASI-STATIC UNIFORM ULTIMATE LOAD FACTORS 


Conditio 1 


I hor/Delta-Probt* Spacecraft 


Liftoff 


MKCO/POGO 


Spin: 


Orbiter 


Liftoff 


MEnO/FOGC 
Insertion motor bum 


Spin: 


Launch ( 100 rpm) 
Transit (60 rpm) 
Transit (30 rpm) 


Axis 


Thrust 


Launch (100 rpm maximum) 
Transit (60 rpm) 

Large probe release (15 rpm) 
Small probe r elease ( 71 . 2 rpm) 


Atlas /Centaur-Both Vehicles 


Acceleration, g 


~4, 35, i-1, 5* 


Lateral 3, 45 

Thrust -21 


Lateral 4-1. ] 

Radial 0. 16 

Radial 0. 05 

Radial 0. 00 

Radial 0, 08 

Thrust -4, 3 

Lateral 4, 5 

Thrust -25 

[ Lateral +1. 5 

Thrust - 13 . < 

Lateral 0. 5 

Radial 0, 164 

Radial 0, 0 S 9 

Radial I 0,014 


Boost 


Insertion burn* 


+ 1. 15 

0. 164R** (0. 416R) 
0. 059R (0. 150R) 

0. 0037R (0, 0094R) 
0. 0835R (0. 212R) 

-4. 35, +1. 5 


0, 164R (0. 416R) 

0. 0S9R^0. 150R) 

0. 0148R (0. 0375R) 


Thrust .9, 6, +4, 0 

Lateral .j. 0 

Thrust - 10.0 

Lateral 0 s 


4 


JABLf; /-I (contimu 


Condition ~ 

Spin: (pro^ spacecraft) 

Separation (0 rpm) 

Transit (25 rpm) 

Large probe release (15 rpm) 

Small probe release (47. 5 rpm)| 
Spin: (orbiter) 

Separation (0 rpm) 

Transit (25 rpm) 

Orbit (5 rpm) 


Axis 


Radial 

Radial 

Radial 


Radial 

Radial 


Acceleration, g 


0. 0106R (0. 0268R) 
0. 0037R (0. 0094R) 
0. 037R (0. 094R) 


0. 0106R (0. 0268R) 
0. 00039R (0. OOlOR) 


* 1 

Figures 4-1 and 4-2 for sfoTT ^ 

■'Whp D • convention 

to centimeters and (inches) from the 

Orbiter only 
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TABLE 4. 2. UMNOTCHED QUALIFICATION VIBRATION LEVELS 


Thor Delta 


Sinusoidal Vibration ~ Sweep Rate = 2 oct/mi n 


Frequency, 

Hz 


5-15 

15-21 

21-250 

250-400 

400-2000 


Thrust Axis 


Lateral Axes 



Frequency, 

Hz 


14-250 

250-400 

400-2000 



2. 3« 
1. 5 
4. 5 
7. 5 


!*3. 0 for orbiter spacecraft 


Random Vibration - Time = 2 min/ axis 


Thrust and Lateral Axes 


F requency 


20-300 

300-2000 


PSD gVHz 


+ 3 dB/ oct 
0. 045 


g rms 




Sinusoidal Vibration - Sweep Rate = 2 oct/min 


Thrust Axis 


Lateral Axes 


Frequency, Acceleration, g Frequency, Acceleration, g 
Hz (0 peak) Hz (0 peak) 


5-8. 5 
8. 5-200 


1.6 crn dia 
2.3 


5-8 

8-200 


1. 1 cm dia 
1.5 


Random Vibration - Time :: 4 min/axis 


Thrust and Lateral Axes 


Frequency 


20-150 

150-2000 


PSD g/Hz 


+6 d B/ oct 
0. 045 


g rms 





























cilUons more severe than those actually expected from ground handline 
launch and orbit insertion in order to provide assurance of discovering am- 
d( sign tiofu iencies which might exist. They are not intended to exceed design 
safv.ty margins and care is taken not to introduce unrealistic modes of failure 
primarily by reducing or "notching" the input levels if required. The quali- 
fication levels of lable 4-2 have applied a factor of 1. 5 over the expected 
fligh or acceptance levels and would be used in analyses or tests for struc- 
tural qualification or in determination of unit qualification levels. Protoflight 
^^''‘I'^i^^ements may not necessarily specify these levels and 


^ common practice in spacecraft design to notch (reduce) 
vibration test input levels when the spacecraft and%r booster adapter will 
otherwise experience unrealistically high load levels compared with maximum 
expected flight load levels. Notching is based on consideration of load levels 
at critical structural locations, such as the booster adapter, and input vibra- 

na'^nceHre ‘excited! frequency bands in which major spacecraft reso- 


frequencies, some compensation must be made for the 
-Kj , rigid seismic mass of the shaker head does not simulate the long 
flexible launch vehicle. This compensation is in the form of a reduction of 
viuration input in the frequency ranges of the fundamental spccecraft 

^^^®/®^tion of input levels is controlled automatically such 
that the readings at the control strain gauge bridges do not exceed the^ 
ultimate strain determined from the structural model static loads test. It 
will be determined during this test whether parallel notch control based on 

shall'beTiTmTement^r^^ required. Acceleration notch control 

shall be implemented if the maximum response acceleration during the low' 

level .ests indicates that the qualification response will exceed the^levels 
derived from a booster/spacecraft dynamic analysis. 


levels to which the spaceciaft is notched are developed from 
a c oupled booster-spacecraft dynamic analysis. This analysis is accom- 
plished in part by the booster contractor and in part by the spacecraft con- 
tr«ctor. A detailed analysis accounting for the dynamic characteristics of 
the spacecraft and launch vehicle is conducted by the booster contractor. 

This analysis includes consideration of liftoff, staging, and maximum aero- 
dynamic pressure flight events. The results of this analysis are then used bv 

detailed internal lolds. As a result of 
s^ciift?^^ critical areas of the 


qualification sinusoidal vibration test levels are presented in 
rajles 4-i and 4-4. for the Thor/Delta and Atlas/Centaur, respectively. The 
levels are intended to approximate ultimate design conditions experienced by 
the unit when mounted on the spacecraft. These load levels are obtained 
from a dynamic loads analysis of the spacecraft as described later in this 
subsection. In, general, units and unit support structure v/iJl be designed to 
the peak unit load levels shown in combination with the associated number of 
cycles. 
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Desiftn Criteria 


The following factors of safety are applied to all load levels derived 
from analysis or test. 




Limit 

Proof 

Ultimate 

Burst 

1) 

Flight loads 

1.00 

- 

1.50 

mm 

2) 

Nonflight loads, dangerous 
to personnel 

1.00 

- 

1. 50 

0 

3) 

Nonflight loads, rerxxote 
to personnel 

1.00 

- 

1. 50 

- 

4) 

Pressure loads, dangerous 

1.00 

Is 50 

- 

- 


Tanks 

- 

mm 


2.00 


Lines and other 
components 

- 

- 

4.00 

- 

5) 

Pressure loads, remote 

1.00 

1. 15 

1.25 

« 


to personnel 


The structural subsystem is designed to withstand, without degradation, 
simultaneous application of loads, temperatures, and other accompanying 
environmental phenomena. No factor of safety is applied to any environmental 
phenomena except loads. 

The structural design is such that comparison of the applied load (or 
stress) to the allowable load (or stress) shall result in a positive margin of 
safety, MS. 


%ifo _ Allowable Load , 

Applied Load 

The effects of combined loads or stresses (interaction) shall be 
included in the detailed stress analysis. For minimum weight, the structural 
design shall strive iox the smallest permissible margins of safety, which 
shall be zero, except in certain specific instances where specified finite 
values may be required. 

Material strengths and other mechanical and physical properties shall 
be selected from authorized sources of reference, such as M1L-H.OBK-5B 
and MIL-HDBK-17, and from Hughes test values when appropriate. Strength 
allowables and other mechanical properties used shall be appropriate to the 
loading conditions, design environments, and stress states for each struc- 
tural member. 

Allowable material strengths xtsed in design reflect the effects of 
temperature and time associated with the design environment. Allowable 
properties are as follows; 
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1 ) 


For load path strm turos, tho minimum guaranteed value-s 

(A values in MIL-HDBK-5B) are to be; used 


Z) For multiple load path struetures, the 90 percent probability 
values (B values in MIL-HDBK-5B) are to be used 

In designit\g for fatigue environments, the allowable stress 
corresponding to the lower edge of the scatter band of test results is used 
where sufficient data is available. In the event insufficient data is available 
to define a scatter band, the required number of cycles is increased by a 
factor of 4 and the mean value fatigue curve used. When multiple fatigue 
environments exist, the combined effect is determined by the use of Miner s 
rule or other acceptable methods such as the Method of Universal Slopes. 


In addition to meeting strength requirements, the spacecraft structure 
must also be designed to provide the proper stiffness to comply with struc- 
tural frequency requirements. Natural frequency requirements are imposed 
upon the vehicle for the following reasons: 

1) To avoid dynamic interaction with the booster control system 

2) To avoid a resonant condition induced by the spinning section 
when the vehicle is in flight 

3) To ensure predictable dynamic loads 

4) To limit deflections 


The 

1 ) 

2 ) 

3) 


following are spacecraft design frequency 

Total structure without adapter - lateral; 
Total structure without adapter - axial: 
Bracket mounted components; 


goals: 

20 Hz minimum 
35 Hz minimum 
80 Hz minimum 


Dynamic Loads Analysis 

A preliminary dynamic analysis has been performed on the Pioneer 
Venus probe and orbiter spacecraft. These analyses have been performed 
for the Thor/Delta spacecraft weighing approximately 384 kg (847 lb) and 
^93 kg (646 lb), respectively. A summary of these analysis arc included 
herein. Representation of the Atlas/Centaur spacecraft weighing up to 815 kg 
(1800 lb) would involve a similar type of analysis and modeling. Each space- 
craft was subjected to several quasi-static load couditions and also to sinu- 
soidal and random vibration. Each load condition was applied separately, and 
cur responding loads and accelerations determined. The complete results ot 
this analysis are t (intained it! Study Task VI-4, Dynamic Loads Analysts. 


The loads analysis was performetl for spacecraft constructed of 
aluminum. The effect of changing the material of the primary structural 
elements to hcrvllium would be to in general increase the stiffness and raise 
<he natural frequency of the structure. This effect should, if anything, lower 
design loads. Thus, the loads predicted for the aluminum structure are con- 
sidered acct'ptablc for design of a beryllium structure. 
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Matluiluutii- Models 


The Hughes matrix analysis routine for structures (MARS) computer 
program was used to perform the structure analysis under Task No. VI-4. 

Probe Spacecraft Model. The probe spacecraft model including the 
btioster adapter, has i9 mass stations which are distributed as shown in 
Figure 4-1. Due to the preliminary nature of the analysis, come simplifying 
assumptions were used on constructing the model. For example, the large 
probe is modeled as a single mass and the weight of shelf mounted equipment 
is assumed to be uniformly distributed over the shelf surface, and is lumped 
at 15 mass stations. 

A total of 87 structural elements are used to connect the mass stations. 
The probe spacecraft model utilizes only three element types of the five types 
which can be modeled in the MARS computer program. The thrust tube, solar 
panel, antennas, equipment shelf support struts and propellant tank supports 
comprise 49 thin walled conical and cylindric al element. Supports for the 
small probes, the propellant tank upper support T-sections and the booster 
adapter comprise Z2, beam elements. The equipment shelf is represented by 
16 plate elements. 

The first 45 natural frequencies were calculated and used in the loads 
analysis. The first 10 modes are tabulated and briefly described in Table 4-5. 
Li the spacecraft-without “booster adapter configuration, the fundamental 
lateral and axial structural frequencies were 23. 2 Hz and 64. 0 Hz, 
respectively. These compare with design goals of 20 Hz and 35 Hz, respectively. 

Orbiter Spacecraft Model. The orbiter spacecraft model, including 
the booster adapter, has 42 mass stations which are distributed as shown in 
Figure 4-2. The thrust tube, adapter, equipment shelf supports, solar panel 
and fuel tanks and supports are structurally identical to the multiprobe space- 
craft structure. The weight of equipment on the shelf is assumed uniformly 
distributed over the shelf surface at 24 mass stations. 

A total of 85 structural elements are used to connect the mass stations. 
The orbiter spacecra^'t model utilizes four of the five types *»'hich can be 
modeled in the MARS computer program. Two stiffness matrices are used 
to represent the bearing and power transfer assembly (BAPTA), The thrust 
tube, solar panel, antennas, equipment shelf support struts, omni -antenna 
tie bars, thruster supports and propellant tank supports comprise 50 thin- 
walled conical and cylindrical elements. The propellant tank upper support 
T-sections, the orbit insertion motor supports and the booster adapter com- 
prise 9 beam elon\ents. The equipment shelf is represented by 24 plate 
elements. 

The first 40 natural frequencies were calculated and u.sed in the loads 
analysis. The first 10 modes arc tabulated and briefly described in Table 4-6. 
In the spacecraft without booster adaptor configuration, the fundainontai 
lateral am) axial structural frequencies were 12 Hz and 62 Hz, respectively. 
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TABLE 4-5. FIRST TEN MULTIPROBE SPACECRAFT 

natural modes 


T 


Mode 
Nurnbe r 

Frequency, 

Hz 

1 

20.4 

2 

20.4 

3 

29. H 

4 

35.7 

5 

35.7 

6 

61. 5 

7 

65.8 

8 

! 66.4 

1 

9 

1 66. 9 

10 

j 69. 3 


D e y c ription of Mode 

Large probe lateral (X) 

l^arge probe lateral (Y' 

Small probe lateral 
(2 in X, 1 in Y) 

Bieone/ornni antenna (Y) 

Bicone/omni antenna (X) 

Small probe and shelf \Z) 
fundamental axial mode 

Small probe (Z, X) 

Sm.all probe (Z, X) 

End fire antenna, 
small probe (Y) 

End fire antenna (Y) 


TABLE 4-6, FIRST TEN ORBITER SPACECRAFT 
NATURAL MODES 


Mode 
Numbe r 

Frequency, 

Hz 

1 

12.0 

2 

12. 1 

3 

32. 8 

4 

34 . 4 

5 

35. 5 

6 

36. 1 

7 

36.4 

8 

61.6 

9 

64. 1 

10 

66. 5 


Description of Mode 


High gain antenna (Y) 
High gain antenna (X) 
Omni antenna (Y) 

Omni antenna (X) 
Equipment shelf torsion 
Motor (Y), shelf (Y, Z) 
Spacecraft (X) 

Shelf (Z) - fundamental 
axial mode 

Shelf (Z); thrusters (X) 
Shelf (Z); thrusters (Y) 
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Tlioso compart? with design gualB of 20 Hi; and iS H/,, ro.spt.cti vcly. The 
12 Hi; later. il mode renults frtHii anleima boom beiuiitjjjj and tromparets with a 
12. h H/. fundanuM'.tal mode on the Huj>he.s I'elesat spacet raft due to antenna 
distortion. It j}rehent.s no problem from the spacecraft structural design 
viewpoint. The first lateral mode which involves bending motion of the adajiter 
and thrust tube occurs at id, 06 H/., 


4. 2 TRADES 

Ijeryllium Wexght/Cost Considerations 


To reduce the structural weight on the Thor/Delta configured probe 
bus and orbiter spacecraft, a study was conducted to establish the ramifica- 
tions of employing beryllium in the manufacture of various spacecraft struc- 
tures. Spacecraft stiffness requirements largely eliminated consideration of 
other materials. 

Hughes Aircraft's 7 years of experience in the application of beryllium 
structures to spacecraft indicates that the use of beryllium on the Pioneer 
Venus is practical. Hughes has delivered beryllium flight hardwax'e^ on three 
programs, including spin arrr. assemblies, cone skin assemblies, complete 
despin platform, assemblies and antenna tubes. Figure 4-3 illustrates several 
flight proven structural assemblies which have been designed, manufactured, 
and assembled at Hughes' own facilities. To date the use of beryllium on 
spacecraft structures has proven co be very successful. Hughes maintains 
active beryllium manufacturing and laboratory facilities and is engaged in a 
continuing company -funded effort to enhance the state of the art and reduce 
costs. 


The Thor/Delta spacecraft substituted beryllium for aluminum on the 
thrust tube and shelf supports. The design of the probe bus readily lent it- 
self to the use of beryllium in the large and small probe support structures. 
Beryllium was also selected for the BAPTA support on the orbiter vehicle. 

It is noted that the BAPTA housing and shaft will also be made of beryllium 
since this has already been accomplished on other programs (see Figure 4-3). 
A comparison of the estimated weights for the aluminum and beryllium struc- 
ture indicated a 4, 8 kg (10. 6 lb) mass savings on the probe bus spacecraft and 
a 2. 5 kg (5. 5 lb) mass savings on the orbiter spacecraft. Table 4-7 and 
Figure 4-4 document and illustrate the mass savings using beryllium. 

It is concluded that by employing beryllium, the mass reduction of 
approximately 4. 8 kg (10.6 lb) achieved on the probe bus would result in a 
cost increase of approximately $16J, 800 for four spaeucraft. Likewise, the 
fuass reduction of approximately 2, b kg (5. 5 lb) would be achieved on the 
orbiter at an approximate additional cost of $40, 300 for four .spacecraft. 





«'ar. 
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TOTAL REDUCTION 2.6 kg <5.5 lb) 


ORBITER SPACECRAFT 

FIGURE 4-4. STRUCTURAL MASS REDUCTION USING BERYLLIUM 
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aluminum versus beryllium mass comparisons 
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SPACECRAFT STRUCTURAL HARDWARE DERIVATION 


Itoin 

Probe Bus 

Orbiter 

Equipment shelf 

Telesat type 

206. 7 cm (81 in. ) dia. , A1 

Telesat type 

205. 7 cm (81 in. ) dia. , A1 

Shelf support struts 

New (6, Be) 

New (6, Be) 

Thrust tube 

New 

61. 0 cm (24 in. ) dia. , Be 

New 

jbl.O cm (24 in. ) dia. , Be 

Solar panel cylinder 

Telesat type 
213.4 cm (84 in.) dia. 

Telesat type 
213.4 cm (84 in.) dia. 

1 Large/ small probe 
attach structure 

New (Be) 

New (Be) 

BAPTA support 

- 

New (Be) 

HGA 

- 

New (Al) 

A large probe 
mechanically fastene 
bus spacecraft. A jc 

ture assembly. The 
attached to both the i 
the equil>ment shelf. 
(MDA) is supported < 
fiustum structure, 
frame on the thrust 1 

support structure, an inverted 
^ rWwr frame on the thrust tube shelf on the proo 

the sheirfacilitates ease, of probe support struc- 
'' nn each of the three small pr^Jes is 

,rrd\Srrustum 

°r BAVTA‘5ittinrwhicbi= W a conical 

ThU^uppor, atru^turo U mechanically faatoned to a r.ng 

tube. 


• « cifriirtiiral weight, thrust tube skins, large pro 
In order to mxmmize support structure, vvill V>e con- 

and small probe ) thick, cross rolled beryllium sheet. 

„r„cted o£ fur„,ed 0. 076 .„pport .trut« «iU be 

The wall thickness of the the machining, drilling and 

0.07b cm (0.030 in. ). minimum material thickness of 0.0/6 cm 

handling of beryllium oictalcs a structures having a large 

^of lidiatiUt;! ‘ Rin%^lur::; rati'on interfac in the thrust tube and 


degn 
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a 


largo probo support structures will be inafle of aluminum, A 3.81 cm 
r* , sandwich construction, consisting of 0. 025 cm (0. 010 in. ) 

tuck aluminum face sheets with an aluminum honeycomb core, will be used 
for the equipment shelf. A 1. 27 cm (0. 5 ir.. ) diameter CKtruded aluminum 
ubing will be used for the propellant lank supports. The cylindriral sub- 
strate IS constructed from a 1 9 cm (0.75 in. ) thick sandwich construction 
consisting of an aluminum honeycomb core and bonded fiberglass facesheets. 

Based upon the above discussed material designations for the 
respective structural parts, an estimated mass of 36.4 ke (80.4 lb) was 
established for the probe bus spacecraft and 32. 3 kg (71.7 lb) was established 
for the orbiter spacecraft. Table 4-9 documents a detailed mass breakdown 
of the structural subsystem elements. The analysis in subsection 4,2 con- 
firms that these estimates are conservative by approximately 0.6 kg (1. 5 lb) 
since the beryllium structure mass estimates presented herein were based 
upon tne relative densities of the beryllium and aluminum with no considera- 
tion given to the reduction in material thicknesses of th;s beryllium. It is 
noted that earlier requirements for the use of longerons on the large probe 
structure have been removed as a result of better loads definition. The dele- 
tion of the longerons from the design enhances the confirmation that the 
estimate presented herein is conservative. 
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TABLE 4-9. STRUCTURAL SUBSYSTEM MASS STA'IEMEN T 
thor/delta CONFIGURATION 


Multiprobe Spacecraft 

Equipment shelf 

Shelf support struts (Be) 

Shelf support brackets (Be) 

Shelf support doublers (Be) 

Thrust tube (Be) 

Large probe attach structure (Be) 

Large probe structure longerons (6) (Be) 

Omni boom mounting 

Medium gain antenna bracketry 

Bicone deployment support 

Substrate 

Small probe attach structure (Be) 
Propellant tank supports 
Thruster supports 
Balance weights 
Miscellaneous hardware 


Total 


Orbiter Spacecraft 

Equipment shelf 
Shelf support struts (Be) 
Shelf support brackets (Be) 
Shelf support doublers (Be) 
Thrust tube (3e) 

BAPTA support (Be) 

HGA boom 
Omni booms (2) 

Substrate 

Propellant tank supports (2) 
Thruster supports (8) 

Motor attach ring 
Balance weights 
RF altimeter support 
M i s c e 1 1 a n c on » ha r d w ar e 


T ntal 


Estima ted Weight 
kg lbs 


11.3 

24. 9 

1.0 

2. 3 

0. 2 

0. 5 

0. 1 

0.3 

3. 6 

8.0 

3. 0 

6.5 

0.9 

1.9 

0. 2 

0.4 

0. 1 

0. 2 

0.4 

0. 8 

8. 0 

17.7 

2. 0 

4.4 

1. 5 

3.4 

1.4 

3. 1 

1. 8 

4. 0 

0.9 

2. 0 


36.4 80.4 


11. 3 

24. 9 

1. 0 

2. 3 

0. 2 

0.5 

0. 1 

0. 3 

3. 6 

8. 0 

0. 8 

1.8 

1. 0 i 

2. 2 

0. 2 

0.4 

8. 0 

17.7 

1.0 

2. 3 

1. 5 

3. 3 

0. 5 

1. 2 

1.8 

4.0 

0,4 

0.8 

0. 9 

2. 0 

32. 3 

71.7 


4.4 ATLAS/CENTAUR BASELINE DESCRIPTION 

u . . design employed in the probe bus and orbitor spaecu raft 

T-,r/ ‘ Canadian Domestic Satellite (Telesat - see 

able 4-10. As was the case m the Thor/Delta confij^juration, the primary 
ciuisideration in the overall spacecraft structural design for the Atlas/ 
centaur configuration was the attainment of a high degree of commonality 
between the probe bus and orbiter spacecraft. This approach has significant 
(.ost impact and is m accordance with the objective of reducing program costs. 
Commonality of structure will reduce the overall engineering, design, tooliro, 
manufacturing, and ground support equipment costs by an estimated $1,040,000 
lor the overall program requirements in the structural subsystem area. 

effort is the development of a probe bus and orbiter 
spacecraft that makes use of the same basic structure. The thrust tube, 
equipment shelf, shelf support struts, propulsion support structure, solar 
panel cylindrical substrate, and support fittings are the same on both the 
probe bus and orbiter spacecraft. The primary structural member is a 
conical frustii^ onto which is mounted the 247.7 cm (97,5 in) diameter equip- 
ment shelf and 12 shell support struts. A cylindrical solar panel substrate 
is supported by attach fittings at the equipment shelf. Two hydrazine pro- 
pellant tanks are supported by struts that originate at the thrust tube. 

A large probe support structure, an inverted conical frustum, is 
mechanically fastened to the equipment shelf on the probe bus spacecraft. 

joint at the shelf facilitates ease of probe support structure assembK. 

Xhe support structure for each of the three small probes is attached to 
both the inve^ed conical frustum supporting the large probe and the equip- 
men shell. On the orbiter spacecraft a mechanically despun. antenna (MDA) 

IS support on a BAPTA fitting, which is in turn £ apported by a pedestal 
structure. Ihis pedestal structure is mechanically fastened to a ring frame 
on the thrust tube and is identical to the Telesat pedestal support structure. 

'r. .1 of the primary structural elements will be made of aluminum, 

ilic thrust tube skins will be made from 0.170 cm (0.068 in.) 2024-T3 
Aluminum, and the large probe support structure will be constructed'from 
0.102 cm(0. 040 in.) thick 2024-T3 aluminum. 3.18 cm. (1.25 in.) diameter 
extruded aluminum tubing will be used for the 12 equipment shelf support 
struts. A 6.4 ern (2.5 in.) thick sandwich construction, consisting of 
0.025 ern (0.010 in.) thick aluminum faceshccts with an aluminum honeycomb 
core, will be used for the equipment shelf. 1.91 cm (0.75 in.) diameter 
extruded aluminum Cubing will be used fur the propellant tank supports, 
ihc cylindrical substratt; will be constructed from a 1.9 im (0.75 in.) 
thick sandwich construction consisting of an aluminum honeycomb core' ami 
oonded tiberglass faceshccts. 
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wore fJerivod'fVorn analysis included in Appendix B 

Delta confi, durations. xLYoa^ performed for the Thor/ 

elements were obtained by appivine the ra? Primary structural 

hcii-ht of components on the Atlas weight and C.G. 

Delta loads presented in Appendix^A For to the Thor/ 

at the separation plane is: * example the bending moment 


ffwSrrfTTHl 


M. ,^ = M . |(WGT.) A/Cl I 

A/C T/D I rWGT i T /'n 1/7=' — 7 ^ — - — ■* / 

(tvvui.)T/DJ [(U:g. height) T/D 


1 


(1. 30) 


In addition, a safety factor of 1 '^n k = = u 

Atlas /Centaur to provide increased^conffd/Tnee^'^^^t^h design loads for 

consideration of deletion of a structuril f structural design and 

factor IS applied to all Atlas /Cental loads this 1.30 safety 

margin of safety of 0.15 on buckUnrstah l > ^’^q^^rement for a minimum 
scatter in test data) has been deleted! (normally used to account for 
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TABlvK 4-1 I. HTRUCTURE SUBSYSTEM MASS STATEMENT 


(EXCLUDING THERMAL ELEMENTS) 



Estimated Mass j 

Mull ipr oho fc»pavc»c raft 

Kg 

Lbs 

Equipnifnt shelf 

21. 1 

46. 5 

Shelf support struts (12) 

2. 0 

4. 3 

Strut fittings 

1.5 

3.. 4 

Thrust tube 

14. 3 

31. 9 

Large probe attach structure 

13. 8 

30. 5 

Omni boom mounting 

0. 2 

0, 4 

Medium gain antenna bracketry 

1.4 

3. 0 

Bicone support structure 

1.4 

3. 0 

Cylindrical substrate 

13. 8 

30. 5 

Srra 11 probe attach structure 

4. 6 

10 1 

Propellant tank supports (2) 

1.8 

3. 9 

Thruster supports (6) 

2. 7 

6. 0 

Balance weights 

2. 7 

6. 0 

Miscellaneous hardware 

1.8 

4. 0 


TOTAL 83.8 

183. 5 

Orbiter spacecraft 



Equipment shelf 

21. 1 

46. 5 

Shelf support struts (12) 

2. 0 

4. 3 

Strut fittings 

1.5 

3. 4 

Thrust tube 

14. 5 

31 . 9 

BAPTA support 

2. 2 

^ 4. 9 

HGA mast 

2, 6 

5. 7 

Omni and X-band mast 

0. 3 

0. 7 

Cylindrical substrate 

I G 

30. 5 

Propellant tank supports (2) 

1.8 

3. 9 

Thruster Supports (7) 

J • 0 

6. 5 

Motor attach ring 

2. 2 

4. 9 

Balance weights 

2. 7 

6. 0 

Radar altimeter support 

0. 7 

1. 5 

Miscellaneous hardware 

1.8 

4. 0 


TOTAL 70. 2 

154.7 
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5. THERMAL CONTROL 


This section describes the design studies performed which have lec to 
the selection of the probe bus and orbiter thermal designs and presents base- 
line designs and performance for both the Thor/ Delta and Atlas/Centaur 
launSi vihicles. Also included in this section is a discussion of probe pre- 
entry thermal design; i. e. , for the mission from launch to entry. 


The emphasis in these design studies has been directed toward the 

Thor/ Delta confipuration. However, wher e Atlas/ Centaur configuration 

li«cronco“ stsniLantly affect these reeulte, tt,ie ie indicated m the Atlae/ 
Centaur baseline description (subsection 5.4). 


The thermal designs selected for probe bus and orbiter spacecraft 
are identical in concept and utilize thermal louvers ^nd superinsulation to 
control shelf- mounted science and spacecraft equipment; insulation and 
electrical heaters to control critical propulsion subsystern temperatures, a 
passive finishes on less thermally sensitive elements such as antennas and 

support structure. 


Differences exist between the two spacecraft thermal designs only 
where remSerby conflguraU^^^ differences. The principal difference is the 
addition of the probes on the probe bus and the deletion of the 
e^fn iitenna and the orbit insertion motor. However, the probe bus is thei. 
mallv independent of probes. Louver arrangement is common to both space- 
craft^ with Lditional louvers utilized on the 

shelf power. There is a corresponding similarity between the fhor/Delt 
desigtis and those for the Atlas/Ccntaur. 


The principal thermal control elomevnts are the thermal louvers which 
are utilized to control .shelf temperatures over a wide range of olectrical 
dissipations, nearly independent of the even greater variations m solar heat- 

ing during the' mission. 


Since the shelf mounted science and spacecraft equipment is insulated 
from the environment e;xcept at the louvered surfaces, tneinnal control of the 
eouipment is relatively insensitive to sfiaceeraft orientation 

tim sun. assuming mininuim solar panel or battery power <s available. How- 
ever solar mum-nat.on of the louvers can se riously decrease their i ai 
hility to (lissiuatc slielf power. Therefore, mission sun angle histones an 
itrqxKctant design considerations. 




TAl^.K S-i. lINI'i MOUNTING .SUKKACK T KM 1M; R ATI J K !■; LIMITS 
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The ti.ermal designs of tlic- prohos for tlu> mission phases up to .mtry 
aro passive au^n'ented with heater power supplied by the ^ 

ihe transit mission. The imiiortant desi,.n points are the initial 

at entry (critic al to ti.e desc ent thermal desi^-ns), temperatures at probe, sc pa- 
ration from the bus, and minimum temperature-.-: during the ‘filial phase; o 
the mis.sion m ar earth. The c riti* al phase is the -iO day period between sepa 
ration and -ntry wlu-n the- probc-s must be- contreiUed ineiependenUy of the bus 
while experienc'init c ontinuously varying sun aisles and im reasing s ‘ 
sitv The interfaces between the probe bus and the preibes are designed to 
provide thermal isolation so that the- probe Ims thermal liehavior is minimally 
affec ted by probe separation. 

The results of the design studies have led to the following important 
eejnclusiotis: 


U Soacecraft spin axis orientation nor.mal to ecliptic plane results 
in the simplest thermal control design. The alternate axis ori- 
entation along the spacecraft- earth lin.-s can be accommodated 
with substantial increase in weight and complexity. 

?.) Substitution of thermal barriers or finishes for certain insula- 
tion blankets to reduce weight and cost generally result in signi- 
ficant performance penalties. 

3) It is not weight effective to use doublers to provide conductance 
for equipment shelf arrangements requiring the transport of any 
significant amount of thermal energy laterally along the shelf.. 
This is best done by heat pipes. However, shelf arrangements 
have been achieved whereby the placement of moderate to high 
power units directly over louver modules virtually eliminates 
tile need to provide this conductance. 

4) Experimental measurements indicate that solar illumination of 
louver modules will be significant enough to require constraints 
on (he time spent at certain spin axis attitudes off the ecliptic 
plane normal. 

5) Rocket exhaust plume beotlng requires the insulation blankets in 
the vicinity of the orbit insertion motor to be made of Kapton. 

6) Minimum weight is required if the probe preentry thcrma.1 
designs are passive during the post- separation period and the 
resulting uncertainty in initial temperature at entry is accounted 
for in Uie descent phase thermal design. 
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s . I R D:Q UIR EM ENTS 

The spacecraft thermal designs have been selected to maintain equip- 
ment mounting surface, temperatures within the limits given in Table ^ - 
under all envi ronmental and operational conditions of the multiprobe an . I 
oriiiter missions. Mounting surfac e temperatures arc spem.lied rather t van 
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FIGURE 5-T. PROBE BUS POWER HISTOGRAM 
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unit li'inporaturcs Ivc auso flu' latti-r are dependent upon unit thermal desL n 
(U'tail and power distribution which arc; not normally considered at the spacc- 
c 1 aft levej. th«-rtnal desi)>n. .\s nott;d, some of these limits apply to the units 
tliemselves rather than mounting surfaces. The science instruments on the 
equipment shelf will have mounting surface temperatures controlled within the 
range ol -1 to (40 to 100 F). Steady- state unit power requirements at 

«.o volts are shown in Table 5 - 2 . The science instrument power requirements 
slyown for the Atlas/Centaur spacecraft configurations are the nominal values 
With <i0 porccMit margin added. 


Total spacecraft power demand histograms at 28 volts are shown in 
Figures 5-1 and 5-2 lor the Thor/Delta spacecraft configurations. The 
detaTs of unit dissipation for each of the many operational modes are given 
in Volume 6, Power Subsystem Trades. Because the spacecraft power buses 
are unregulated with regulation done at each unit using dissipative regulators, 
actual unit dissipation is a function of bus voltage. The solar array power 
output/ voltage characteristics are dependent upon array temperature, solar 
intensity, and efficiency degradation induced by solar flare activity. These 
characteristics are shown in Figure 5-3 for the Thor/Delta orbiter and probe 
bus spacecraft. Array output is shown for two mission points: 1) at the 

beginning of the mission near earth, and 2) at Venus. These conditions 
generally represent the cases of minimum and maximum, spacecraft power, 
respectively. Because array degradation resulting from solar activity can 
occur at any time during the mission, the thermally worst case is assumed. 
Maximum degradation is applied to the near earth condition to give minimum 
power, and the undegraded array output is used at Venus for the maximum 
power case. 


The solar array designs are optimized to satisfy the spacecraft 
requirements shown in Figures 5-1 and 5-2 for minimum weight. However, 
rnaxirnurn array output is typically only utilized for short periods during 
the mission. When spacecraft demand falls below panel output, bus voltage 
increases until a balance is achieved or until the bus voltage limiters are 
activated. At this point, the bxxs is held at 33 V and any excess panel output 
is dissipated in the limiter resistors. 


The spacecraft thermal designs rely on isolation from the environ- 
ment and. therefore, are relatively insensitive to solar orientation. However, 
the internal power is dissipated from louvered radiators, v.rhich cannot be 
efficiently designed for conditions of steady direct solar illumination. Nor- 
mally, the spacecraft are oriented with spin axis normal to the ecliptic plane 
and radiator placement has been selected consiscant with this. Hov^ever, 
sotiu! deviation from this orici^tation is necessary at. certain times in the 
tnisfeion.s. A summary of sun angU. conditions for the Thor/Delta missions 
is givt'i) in Taiile 5-3. Sun angles are measured from the probe end of the 
I>rob<' bus and the high gain antenna end of the orbiter. As indicated, no 
steatly state orientations are required with th<; sun inumiuatiug the aft end of 
Uu' spacecraft (Y >90 deg) wiiere the louvered radiators are iocated. The 
erifieaT cotiditiou <!xists for th<! orbiter spacecraft at the time of orbit inser- 
tion motor firing when thrust vector orientation requires aft end illuminatiop 
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TABLE 5-3 THOR/DELTA DESIGN SUN ANGLE AND ECLIPSE SUMMARY 
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Measured from spin axis, probe /HGA end 



The resulting solar heating limits the time spent in this attitude. Detailed 
discussion of thc^ efft'cts of solar illumination on louvers is given in suuscctions 
5, 2, 5, .1, and 5.4 of this volume. 

Eclipse times arc also shown in Table 5-3. These are important only 
if intc-inal power is curtailed to 'mini.mizo battery weighty as is the case during 
the long eclipse occurring near apoapsis in Venus orbit. 

Because the probes are inactive during transit to Venus, much broader 
temperatures are applied during this period, as indicated in Table 5-1. The 
most sensitive pressure vessel module unit is the battery. It sets the mini- 
mum pressure vessel temperature (-40'^C). Because the pressure vessel 
descent thermal design relies on heat capacity to limit maximum temperature 
at impact, it is important that initial temperatures at entry be as low as 
possible. Here, again, the battery sets the limit (- 1°C (30“F)). 

Because the probes are thermally independent of the spacecraft bus, 
particularly during the 20- day period between separation and entry, sun 
angle variation during the mission is quite important to the thermal design 
selection. Probe sun angle data is given in Table 5-3. 


5.2 TRADES 

The following trade/design studies were performed to support the 
selection of the baseline thermal designs. 

Spin Axis O rien tation 

A system level trade study (Task EX12; see also subsection 3.3, 

Volume 4) has been performed comparing the advantages of the baseline spin 
axis orientation normal to the ecliptic with those of an alternate design having 
the spin axis aligned parallel to the earthline. In support of the study, the 
effect of this alternate approach on the spacecraft thermal design was examined 
and a configuration developed to accommodate the resulting differences. The 
principal effect is the large variation of sun angle with respect to the spin 
axis. The variation is shown in Figure 5-4 for type I trajectories during the 
1976-77 launch opportunity. 

The thijrmal design of the orbiter with the spin axis earth- pointing 
is adversely affected because every side of the vehicle is exposed to direct 
solar radiatiun during the course of the mission. The louvers, which do not 
provide efficient radiator surfaces when subjected to significant solar illumi- 
nation as they do when the earth is behind the sun, must be shielded, which 
also reduces their efficiency. Fu:rthf;rmorc, since solar panels must be 
mounted on the ends of the spacecraft t(j provide sufficient power wh<?n the 
Runline approaches the spin axis, the minii um attainable average shield 
solar absorptance to emittance ratio (a/e ) is limited. As a result excessive 
shield temperatures in sunlight near Venus require placing louvers on both 
sides of Utc ('quif)m<>nt shelf to enalde viewing a suitable sink temperature at 
all times. Th< s<> eff<>ct.s result in nearly Miree times mure required louver 
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FIGURE 5 6. THOR/DELTA PROBE BUS INSULATION BLANKET ARRANGEMENT 




ari>a with a weight increase of 4. S kg (10 lb). These changes to the baseline 
tlesign are shown in Figxire 5-h. 


The lonver arrangenvent not only t;omi.>licates equipment arrangement 
hut also increases required lateral conductance, leading to the possible need 
for heat pipes to minimize weight. The end panel must be designed to keep 
temperatures below the desired solar panel operating point. End array 
teniperaiures may be linnted by utilizing a mosaic of solar cells and second 
surface mirrors, minimizing substrate weight required for lateral conduction. 
Mosaics with cell to mirror area ratios of 1 and 0. 5 can limit i 

aft panels, respectively, to maximum average temperatures near 60 C (loo r). 


Because direct sunlight is never incident on the antenna end of the 
spacecraft for the probe mission, the probe bus allows retention of the base- 
line louver arrangement with louvers mounted on the antenna side of the 
equipment shelf. However, the probe end solar panel exliibits the design 
complexities of the ends pane xs of the orbiter. The general conclusion of 
this study was that many disadvantages exist for the alternate spin axis 
orientation, only one of which was a much more complex thermal design. 


Candidate Thermal Designs 


This study examined elements of the baseline spacecraft thermal 
design to determine if alternate approaches were more advantageous from a 
cost or weight standpoint. 


The principal design concept, utilization of variable emittance 
(louvered) radiators, is required because >-f the combination of large changes 
in solar intensity, relatively large power variation during the mission, and, 
in the case of the orbiter, long eclipses at minimum power. In addition, the 
louvered design provides substantially more predictability than does a com- 
pletely passive design. 


However, because this approach also included the isolation of the 
controlled volume (equipment shelf) from the environment, large insulation 
blanket weights were involved. Cost was also a consideration. Therefore, 
examination was made into the possibility of replacement of some of l^ese 
blankets with lighter, less expensive finishes. Two areas were reviewed: the 
forward blanket used to enclose the equipment shelf and the blanket covering 
the inner solar panel surface, decoupling it from the louvers mounted on 
shelf. These areas are illustrated in Figure 5-6. 


On the Thor/ Delta spacecraft configurations, approximately 2.3 kg 
(5 1 lb) of insulation could be reroovi:d if the aft solar panel blanket were 
replaced Iry a low emittance VDA (vapor dtsposited alumimun) finish. An 
examination of this alternative, using the bulk spacecraft thermal nodal model, 
has shown slightly higher shelf teu)|>eraturi' results. A comparison of bulk 
*-.helf tcmpt!tature s a rc shown in Table 5-4 for the baseline and this design 
modification. Also considercfl were the (Tfects of replacing the forward insu- 
lation blanket with a single layer iiarrier, which would save about 1. 5 kg (3. 2 
ib). I’hn blanket v;as a.?.suivu^d to havi' an i'ffi'ctivc' inside to outside ernittanco 




TABLE S-4, effects OF ALTERNATE 
BLANKET ARRANGEMENTS 




Bulk Shelf Tomperaturijs 





Design Conditioni 

3 


Blanket 

Configuration 

Near 

Earth Cruise 

Venus Encounter, 
Sun Normal to 
Spin Axis 

Venus Encounter, 
Sun 30 deg Off 
Normal 

''c 


Oc ! 

"f 

Oq 

Op 

Baseline 

19 

66 

28 

83 

■n 


Aft solar panel 
blanket replaced by 
vapor deposited 
aluminum finish 

20 

68 

29 

85 

31 

87 

Vapor deposited 
aluminum on aft 
panel and forward 
blanket replaced by 
barrier 

16 

60 

25 

77 

31 

87 


of 0. 02 and the barrier to be 0. 0025 cm (0. 001 in. ) Kapton with an external 
solar absorptance of 0.4, an emittance of 0, 7, and an interior surface 
emittance of 0. 05, As show’n in Table 5-4, this additional modification tends 
to depress shelf temperatures significantly during conditions when the sun is 
normal to the spin axis. However, this trend dlsappcaars when even moderate 
sun angles are experienced as indicated by the case of the sun 30 deg off 
normal (toward the probe end of the spacecraft). 

The shelf temperature increase caused by the VDA solar panel finish 
appears to be a minor effect. However, as will be discussed later in this 
section, interrcflections in the cavity formed by the solar panel, equipment 
shelf, and thrust tube, produce significant solar loading on the louvers. 

Since much of this results from reflection off the solar panel insulation, it is 
estimated that a VDA finish, l)eing mvich more reflective, woxild tend to 
aggravate this problem. 

The effects of using the iorward Ijarrier indicate a significantly greater 
shelf temperature range could be expected on the [n-ohe bus, t omparing near 
earth performance to near Vt'uus t'litry whetx large off-Jiormal sun angle.s 
exist. This effect is even more imptxrtaat when cojjsidering the uncertainty 
of ihi> .solar absorptamu,' for so Ifivgt' a l)ari-i('r. Fxirfhermore, the ust> of 
this barrier on Iht' orhitt'r woult* iiu rea.se lossies during iJie eritieal 190 min 
aptiapsis eelipst'. 
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1 A rJ (hat thi'sr two alternatives to insulation blankets 

....... we., ee. 

im orporati-fl int.> the baseline desutn. 


Probe P re«‘ntry P eSM^ 


This study examined the llf (easi- 

entry probes duriu}> the transit ^jth heater power require- 

„iUty of a passive desipn was we. efor a pro-midterm 

.nents assoeiatod *“lj uncertainties of the passive design « era 

I"aml^rai;lrg‘Sl;h lo Ipproaches for compensation, 


1) Additional pressure vessel insulation 


2) Active heating prior to entry 


A comparison of weight retjulrements show the additional insulation to he the 
lightest approach. 

. a 1 


„,is,ton'’from''ut!iTm^ 

influenced by the following: 


,) Increase in solar intensity by a factor of 1. 92 from Earth to 
Venus 


2, Sun angle variation during the period from separation to entry 


3, Differences ii. the cr-tent of solar illnmination in the pro- and 
post- separation conditions 


4) Duration of post- separation phase 


The large variation in solar t/;^|„'tToietTed^ 

signed for U relatively broad '‘'■VP“f!“YnLtive and the survival temperature 
duritig the transit period the pro t-. , , ^ batteries are the UtriUing 

Liits® shown in Table 5- nmdule. the heat shield/ 

units in the pressure vessel, m the ' ' parameter. At the time of 

pp. — 

temperature is shown. 


entry, „^cr;owxt\'s'di 


A s shown in Eigure S- 7, the “r.'-.rr^f^^mrefry^ 'l“ran?- 

cruise results in a sunlino normal approach 0 or 180 deg 

^’;;y\TeTxfs‘"’niVn" 

relative' tc uii’ axvr>. 
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FIGURE 5-9. LARGE PROBE THERMAL FINISHES 






(10 porcunt), tho temperatures indicated at the beginning of the interplanetary 
cruise were shown to be below the mininuun battery survival limit (-40‘*C), 

By blocking radiation off the aero? h oil base with an insulated shield 
supported by the spacecraft, these temperat res were computed to be about 
-34'^C (-.JO^F). A solution of this model at tho separation conditions indicates 
temperatures near the maximum allowable. The mission variation of probe 
temperatures is shown in Figure 6- 10. A transient math model was developed 
for the large probe utilizing single nodes for the heat shield/aeroshell and the 
aft cover. The Min-K insulation, the pressure vessel shell, and the payload 
were represented by separate nodes. This model was used to compute 
response to the off nominal sunline oi'ientation during trajectory corrections 
(one near earth and one near separation, durations of ~0. 9 h). These results 
are also indicated in Figure 5-10 for the cases of sun directly along the 
cone axis (hot case) and 180 deg opposite this (cold case), Tempei*atures 
remain with limits for these conditions. 

It is concluded, therefore, that the selected passive design nominally 
satisfies the probe temperature requirements up to entry into the Venus 
atmosphere. 

A brief examination was made of the uncertainty associated with the 
large probe passive design. Typically spacecraft thermal performance can 
be predicted within 5° to 8°C (10° to 15°F) for this kind of design. If ade- 
quate development testing is undertaken much of this uncertainty could be 
eliminated. The remaining elements of uncertainty include sun angle dis- 
persions, finish degradation, variations in contact conductances at inter- 
faces, and deviations in test simulation from actual flight conditions and hard- 
ware. 


The first three elements were examined for some assumed dispersions. 
For example, 20 percent variation in conductance yielded less than 0. 5°C 
change m the pressure vessel temperature predicted by the probe math model. 
Similar sensitivities were ~2 C for a 0. 02 variation in solar absorptance of 
aluminized Teflon and 1°C for a 1 deg variation in sun angle. The rss'ed 
uncertainty is about 3°C. For the purposes of evaluating the effect on probe 
design, a 5°C (10°F) uncertainty in pressure vessel temperature was assumed. 

Nominally, no active control (electric al heating) of the probes is 
indicated by the analysis discussed above. However, consideration of the 
passive design uncertainty and how it can best be treated in the overall 
thermal design loads to the possibility of utilizmg active heating to condition 
the probe batteries Just prior to entry. The alternative is to bias the nominal 
design temperature at entry to provide margin for this uncertainty, i. e. , 
l()*’(y (5()‘*!F) instead of 4 (40°F), Tins approach tends to incrc'ase the 

notnifjal pressure vessel insulation thickness. 


Active heating, depending upon its implementation, <an require sub- 
stantial battery wtught since tb<> prol)es are separated 20 days prior to entry 
and, 1 1) t*r c'fo r e, (.'aTim>t uti.lize spacec'i'aft power. M'lic^ h^ast el(*(!tric*al energy 
i.s required if a tiu;rrnosiatically coutrolleti heater were activated just prior 
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howown-: 

lu'ater power and its use violTi^.o tu^ t •* i •' )& the source of 

observed, heat... control' activation would be r;quit•ed^at“ae£'ratTo^^ 

boon evJltt:d‘SaU7h1yr"bfmJtrmio f *“=““"8 ^PProaches haa 

bcih atoady and tran‘’3ien^rr^rir bcf;\ 

=a »crr/oc* UO°Vf Jeiow^!l.r 

calculated*prLtu" ?e“Ve?t'em?era\u^ uniformly decreasing the nominally 
by 50 c (lOOF). This shows h^a?:' turn%ratipt^ttm\^^^^^^^ 1 dal'sV'"”" 

heaTer'showr,rbTre\i'rr?dVAh *'20 W 

city and weight requirement 

up warm- 

also shown in Table 5-5 for a reasonaweheat*'*^ associated battery weight 
penalty because of low temperture dtcharge." P'"'"' 

pressurl vrsetwi tcteLTtftt^kr'ttmetldettTat" “V 

mttm. Subsequent to this sttiv the *°« *' la«»r to be tnini- 

lowered to - l^C no^P\ b* *.u " battery temperature was 

lowered to -1 C (30 F), making the nominal 4°C (40^^^ entry acceptable. 

TABLE 5-5. WEIGHTS REQUIRED FOR COMPENSATING 
5 C (10°F DESIGN UNCERTAINTY) 


Approach 


Required Battery Capacity, 


Passive - increased 
insulation 
(Min-K TE 1400) 

Active heating: 

Activation at separation 
(20 W maximum) 

Activation at I'ntr'v 


Neglects weight for inc 


(W-hr) 


rcased jircs.surc vessel volumt?. 


kg lb 


1.0 2.3 


IB.h'i' 41.0* 


2.5* 5. 4o 
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figure 5.1J. PRESSURE VESSEL WARMUP HEATING REQUIREMENTS 
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The- vms.sive thormal . ontrol of the larj-c probe durinj' the preentry 
phase appears to bo feasible and the desired aj^proaeh. 

The present baseline for the small probes is also a passive design. 

Af ^ r.aviiy Solar Intcrrefl ^'efrinn Test Evahjatmn 

Hughes Aircraft Company has been conducting IR&D ^ ^ 

suacecraft tlicrmal control systems for many years. In a recent IR&D test^ 

toW interr^ measurements were made at Hughes, u^ng a one- thud 

solar “^teri cttecnon mea representative of the Pioneer Venus 

-"craft " Thr^ur^oaTof .Laa'teata waa to provide cstin-.atoa of the 

li loidfna o? ho thoimal control louvers mounted wlthlu this cavity. Al- 

fhoueh th^spacecraft will be nominally oriented with its spin axis normal to 

SrsunUne there will be periods (trajectory correction maneuvers, orbit 

llLrTi^n motorthing) whL the aft end of ‘"e spacecraft recetves dtrect 

solar Illumination. The moasuroments wore go deg out 

s;lar1lcvat!on, 

lent conditions to avoid overheating the spacecraft equipment platform. 

Module Average Solar Loads 

The photometer measurements were taken on each of 

laied louver modules grouped as effecron Luver 

v.as performed m averaged over all modules at a given 

heat i^ejecticm capabilrt/, the ancle Typical results are 

’h't^ut F^rcniltVs^ir: ml— 

shown in i «n d^^«- In or near this position, incoming solar 

outboari edge of the concave surface of the solar panel 
cylinder tends to be focused down into the bottom of the cavity. 

At lower solar elevath'us, the minimum Intensity apP«ars to «ear 

i;AT-nr'rarrT"'TCtu.-laty spacer, aft Solar Iiitcrrcflection Tests, ■' Hughes 
Tie 4112. 12/4S1, dated 10 January 1973. (See Appendix) 
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iUumiualion ormrs. Iudir.u-1 illumiaation at tlie 0 clo^ a^^irnuth t.nicl« to 
Lnc rc-aso with elevation anulo. I'he nu>aaurenR-nta at 0 dou solar ok-vation 
\V(.Tt> within thn hackground noisf and the* roix atahild y of a typical im-ahui 

nu-Mit. 

\ similar data i-c<hu tion was performed averaging H'*' measurements 
on the center louver module separately from the two outer modules. Tins 
tends to show a small differtmee between modules. 

The animuth distribvition of measured intensities were mt«?grated to 
determine the spin-averaged intensity variation with elevation angle as shown 
in Figure 5-16. Results for the three module average rntensky are compai e 1 
w5tk the average values for the right and left-hand (R/L) outer modules, wlucn 
tended to be higher than those for the center modulo. " 

tainties of the technique, these values are very kttle different. The mitial 
test program was conducted for solar elevation angles up to 30 deg. Subse- 
qvicnt testing was done at 60 and 80 deg. 

As a comparison, a plot of sine is also shown, 'i’his quantity corres- 
ponds to the direct solar load if there were not inter reflections or shading 
in the cavity. This simple correlation matches the data rather closely. 

Average Louver Blade Solar Loads 

Of principal concern is the heating of the louver blades themselves 
during period, of direct or rctlocted .olar 

have a high ratio of solar absorptance to enuttance (-0. 20/0.05) and are 
thermally isolated from the module frame and the mounting surface, very 
high blade temperatures can result if 

Moreover, because of its low heat capacity each 5. 1x40.7 cm {2 x 10 in. ) 
blade weichs only 22. 7 gm (0. 06 lb), the blade time constant is on the order 
of mhrutcr ^rLsess "he magnitude of local blade solar loads Oo-tng cavtty 
illumination, a somewhat different data reduction method was used. Measure- 
ments along a given blade location were integrated with respect to azimuth 
”.ole to oWain iutensity distributions along blade length. Left and right hand 
louver module distributions were averaged together since symmetry should 
make these loads nearly the same over 360 deg of azimuth. The maximu i 
local spin-averaged blade solar flux is shown in Figure o- 1/ as ^ 
solar elevation angle. Again, the quantity sin c , where e is the solar ele- 
vation angle, is shown for comparison. As would be expected, tlie laaximum 
local solar loading is somewhat higher than the louver modvde averages. A 
re i^eseutatlve extmnlc of intensity variation along a blade Is shown m 

Figure 5- 1 8. 

The overall results of this test program indicate that signilicant solar 
U.afling will be eaxpe-ienced by the louvcr.s even at moderate sun angles. Ihis 
A parHeularly important at Venus where solar intensity is nearly douhU d. 

Dt tailed analysis of .spacecraft and louver blade response to this heating is 
presented in subsections 5. .1 -nd 5. 4 of this volume. 
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Uiii ko( Mxbaust Fli uno lmping<-nu"nt .Study 

This study «‘xaminod thu effects of i’oc.k».t exhaust plume heating 
rosultini; from the orbit insertion motor and Delta third stage (TE-364-4) 
firings. Convective heating rates for the orbit insertion motor were based 
on computed pbime fh>w field v;hilo radiative heating was scaled from experi- 
mental measurements made during a TE-3h4-l (Surveyor retro motor) 
qualification firing. Heating of the Kaptou super insulation blankets and the 
blades of the thermal control louvers was of primary concern because of 
thei-* low thermal capacity. Response of spacecraft airtenna located near 
the plumes was also c^xamined. 

The results of this study influence the spacecraft design as follows: 

1) Selection of Kapton as the insulation material because of its 
high tem.perature capability 

2) Insulation blanket outer layer thickness increased from 1 to 
5 mils over local areas to provide desired margin 

3) Stainless steel foil barrier used instead of Kapton blankets 
for closure between thrust tube and insertion motor nozzle 
because of high local heating 

4) Aft Omni antenna structure minimum wall thickness constrained 
by plume heating 

The heating resulting from the orbit injection motor plume has been 
shown to be more severe than that specified for the Delta third stage firing. 

Figure 5-19 illustrates the location of the orbit insertion motor in the 
Thor/ Delta orbiter spacecraft configuration and those spacecraft surfaces 
which are anticipated to experience significant plume convective and radiative 
heating. Also indicated in the location of the Delta third stage motor (TE-364 
4) nozzle exit plane relative to those suifaces. The following discussion 
presents the bases for the predicted plume heating rates and the associated 
spacecraft thermal response. 

Orbit Insertion Motor 


IV 
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i. 
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When this study was initiated, the orbiter spacecraft was being 
designed for a type I interplanetary trajectory and the insertion motor 
selected was the Aerojet SVM-2 (modified). However, subsequent to the 
generation of a plume flow field based on SVM-2 properties, the opacocraft 
design was modified for a typo II trajectory and the insertion motor changed 
to the Thiokol TE-M-521 (modified). To determine the applicability of the 
SVM-2 plume to the TE-M-521, two paraimders were compared; nozzle area 
(expansion) ratio and chamber pressure. Gt'ncrally, higher expansion ratio 
tmrans; 1) higher exit plane Mach mm\bcr, hence decreased flow expansion, 
and 2) lower t^xit plane density. Tlu'se ('fl'cct.s dec rease local density and, 
hence, convective heating rates. Higher chamber pressure tends to have the 
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FIGURE 5-19 THOR/DEl-TA ORBITER AFT CAVITY GEOMETRY 
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-sit i.o.. i,i„lu.r ..xit plane dc^nslly. The axpansion ratios and 

.hanil.rr prossuros asaun.o.l lor llieso two motors arc sivcn in Table 5-6. As 
luclk-atfd, the mctlified SVM-2 has lower values for both these i^ramete s, 
therefore, a qualitative plume comparison could not bo maae. However, 
a plume flow field computed for the UTC FW-5 apogee motor used on the 
HS-113 (Telesat) was available for compan.son. As also shown in T a , 

the FW-5 motor has approximately the same expansion ratio (60:1) as tlie 
TE-M-521 (58:1) and a higher chamber pressure. A comparison was made of 
the convective heating rates obtained for the orbiter spacecraft using t e 
SVM-2 plume with corresponding heating rates using the FW-5 Pl^e. ^he 
SVM-2 heating rates were slightly higher; therefore, it ° 'J. 

the SVM-2 plume to evaluate the TE-M-521 heating rates. Flow field pro- 
perties are defined for radial and axial coordinates normalized to 
Lit plane radius. Of course, the TE-M-521 nozzle radius was used to evalu- 
ate local plume properties. 

Heating Rates 

As discussed above, the SVM-2 (modified) plume was used lO compute 
the convective heating rates on several surfaces of the orbiter spacecra . 

This plume was computed by an axisymmetric method of characteristics pro- 
gram using the exit plane properties given in Table 5-6. Included the 
nozzle expansion are the effects of the low Mach number nozzle boundary 
layer, which tends to substantially increase the flow expansion ® 

repio; of interest, i. e. . the spacecraft aft cavUy. The P^^.^'^PjLSLrv 
this technique is the replacement of the subsonic portion of the bounda y 
layer within equivalent layer which is assumed to become slightly super- 
sJnic (M~l. 05) immediately at the exit plane with no flow turning associated 

with this sudden transition. 

The plume flow field is defined by lines of constant density and flow 
direction as shown in Figure 5-20. The aft geometry of the orbiter space- 
craft is superimposed to illustrate the local variation of these quantities. 

These curves are shown for radial and axial position relative to an origin 
Long tL nozzle centerline at the exit plane, with coordinates norrnalized 
to nozzle exit plane radius. The TE-M-621 nozzle radius was used to 
construct the superimposed spacecraft geometry. 

The complex flow geometries combined with rarefaction effects makes 
accuratJ prSon Ot plume heating rate, quite difficult. Bounding caleulat.ons 
cariic mlde hy aasumlng a simple free molecule flow model with perfect 

accommodation. 

However, there are many cases where this assumption results m 
bigbly conservative heating rates which penalize the spacecraft design. - oi 
ciLahi surfaces, reasonable boundary layer heating rates can be estimatcc 
from conventional aeroflynarnic heating formulations. However, most oi the 
LLL-L of Liunrrn in this study do not generally fall into this category. 

These surfaces, such as the solar pane), are large lu-lative to th<i 
exii'nl of the f'mw field, anfl as .such represent a geometry similar to t .ost 
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TABLE 5-6. ROCKET MOTOR CHARACTERISTICS 








FIGURE &20 {Continued). TE-M 521 ORBIT INSERTION MOTOR EXHAUST PLUME 



oxporin^i'utally studied by PeisU', Kt>|>paag, and Sinikin.-'’ 
convective hcatinj> rates caused by plume impingement on 
were measurc'd and correlation equiitions dt'vt'lopc'd. 


In tlu?sc studies 
large flat platens 


Plume* hiiating I'atc's were calculated along the* sejlar paned, thrust tiibe 
closure, and louver modules using the;st; correlations and the frt^c meile;cvilc 
Dow formulation. 


Radiation from the? condimsod alixminum oxide in the solid propellant 
motor exhaust plume is estimated by scaling plume radio sity from test 
measurements of the TE- 364-1 (Surveyor Retro) qualification firings. ** 
From this test an exit plane radiosity of 0. 7 3 W/rn*^ (6. 5 Btu/ft -sec) was 
derived. 


Based on these data the TE-M-521 plume exit plane radiosity is 
estimated to be approximately 0. 52 W/m2 (5. 0 Btu/ft^. sec). Plume radiosity 
is assumed to be inversely proportional to distance from the nozzle exit plane. 


Spacecraft Thermal Response 

The response of the spacecraft surfaces exposed to plume heating 
were computed from the combined convective and radiative heating rates. 
Where differences between free molecule flow and continuum heating rates 
were important, both were used and the results compared. Figure 5-21 shows 
the distribution of temperature along the solar panel insulation for both free 
molecular and continuum heating. Also shown is the effect of increasing outer 
sheet thickness to 0. 013 cm (5 mils) for the assumption of near continuum 
flow heating rates. Based on these results, the decision was made to use the 
0. 013 cm (5 mil) cover sheet on the outer 12. 7 cm (5 in. ) of panel length to 
provide additional temperature margin. This results in a weight increase of 
approximately 0. 14 kg (0. 3 lb). 


Combined heating rates predicted on the closure between the thrust 
tube on the orbit injection motor nozzle clearly exceed the capability of 
Kapton. Instead, a stainless steel barrier was selected to provide the 
necessary closure. This barrier, simdar to one flown on the HS-333 space- 
craft consists of a 0. 0076 cm (3 mil) stainless steel foil, coated with a high 
temperature black finish (Bo-Chem Black Oxide) on the outboard surface and 
Hanovia gold deposition on the inboard surface to provide the desired thermal 
isolation. Figure 5-22 shows the response at the outboard radial edge of the 
barrier where heating rates are maximum. Temperatures are shown for the 
assumptions of free molecule flow, oblique shock, and normal shock heating. 
As indicated even free mol»;cn1e flow heating results m temperatures just 
exceeding the HS- 3 33 limit. It is felt that sufficient margin, exists to allow 
for heating r te uncertainty. If necessary, barrier temperature limits can 
be increased to 9H0"C (IBOO'-^F) by revising the gold deposition process. 


E I'. Piesik, R.K. Koppang, O. J. Simkin, " Rocket-Exhaust Impingc*mrnt 
on a*FIat Platf* at High Vacuum," AIAA Paper No, 66-46, January 1<)6(). 

R. P. Bot)co, ct al, "Surv''yor Exhaust Plume Heating: Octolier 19()1 to 
August 1964," Huglu*s Ai rcraft Company, SR.‘i 649, 23 Oelobtit* 1964. 


6-41 




ocrref. w4y«iiL , 


K^^T otO u i ait 



t*f2.ee ^A«v<iAUlcC 


•KJOPoaHC ^HoCiC H^KTit^Cr 


\>vr> rt i»,Sc<. X 
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Ji<(|U 1 pm (*nt .sh«!ll uud liyv. ciKiiH* tank iiiHu]allt>n plume* mapoiitK* 

is sliu’.vu in Fij>ur<* al»>n ;4 with louv«*r i)lacK* tiMupi'ratu ru. Tlu'st* 

tompuralun-s assum.. froi* moJe-mU* How lu*alinn rati*s. As indic Hud, shulf 
msuJalioii and hlaf e tumpi-raturus arc* at ccptable, hut the 0.002Fi i.m (1 mil) 
insulation outer shoot reaclu's temperaturi's heyond tlie Kai>ton limit, A 
0,01 1 I'ln (‘i mil) oover sheet provi^le.s tin* neeessary heat capacity for a 
\V4*ij*ht incr<*ment of less than 0.05 kj; (0. 1 Ih). 

TIu* t4‘mi)eratui’e respunso of ilu* aft oimii antenna is shown i*i Figure 
5-21 tor tW4> wall thickiu*ssi's. Pr4*lin'ilnary antenna flt*sign requirements 
indicate a 0.0V6 i*m (iO mil) wall is functionally adequate. However, a 0. I cm 
(40 mil) thickness has heen recommended to provide additional margin witl 
m*gligible weight penalty. The antenna support will he aluminum with adequate 
heat capacity to withstand this heating. 

Delta Third Stage (TE-364~4) F lunuc Uadlation 

Arnes Research Center’!' defines the radiative heating rates to be 
assumed incident on ait facing spacecraft surfaces. To apply these heating 
rates to the orbiter and probe bus spacecraft, they were interpreted to be 
heating rates to surfaces normal to the motor thru.st axis. To adjust these 
rates for different surface orientation, they were multiplied by the ratio of 
local plume shape factor to shape factor for the aft facing surface. The 
effective plume radiating surface was defined by the mthods described above 
using the motor characteristics given in Table 5-6, 

Temperature responses of the aft cavity surfaces are given iu Figure 
5-25. These temperatures are generally lower than those predicted for the 
orbit insertion motor firing. These temperatures apply to the probe bus 
.spacecraft as well as to the orbiter. 


Maximum predicted temperatures of the orbiter aft omni antenna are 
low'or for this event than for the orbit insertion firing. The maximum tem- 
perature response of the probe bus end fire (medium gain horn) antenna, given 
in Figure 5-26 for the minimum wall thickness being considered 0.051 cm 
(20 miLs) of aluminum), is acceptable. 


"Hequir«!nu*nts for Pioneer Vemus Mission Systems Desigvi Study, " Ames 
Research Cent<> r Sjieeification 2- 17502, Revision 1, 15 September 1972," 
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FIGURE 5-24. PIONEER VENUS AFT OMNI RESPONSE TO PLUME HEATING 
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5. 3 thor/delta baseline DESCRIPTION 
Spacecraft Desian 

Equipment Shelf 


The thermal designs of the Thcr/DeU.a probe bus and orbiter 
spacecraft are illustrated in Figure 5-27. As discussed in subsection 5. 2, 
aproach selected for both spacecraft is to isolate the equipment 
splf from the environment and control temperatures by dissipating unit power 
from variable emittance radiators. Radiator emittance is controlled by 
thermally actuated louvers mounted on the outboard side of the equipment 
shelf. Those units ^vhich dissipate 5 .r more are mounted on the shelf 
directly opposite louver modules to minimize the need to provide lateral con- 
ductance along the honeycomb shelf. 

The shelf is 3. 8 cm (1. 5 in. ) thick, 0.48 cm (3/l6 in. ) cell aluminum 
honeycomb, 0. 0018 cm (0. 000'’ in. ) ribbon with 0. 025 cm (0. 019 in.) alumi- 
num zace sheets. 


For the maximum shelf power design conditions, eight louver modules 
are pquired to maintain shelf temperature limits on the orbiter spacecraft. 
The lower powered probe bus requires six modules* 

The lope rs used in this design are shown in Figure 5-28. Rotation of 
the puver blades is periormed by conversion of heat energy into mechanical 
motion by use of a bimetaJlic actuator. The bimetallic actuator is wound so 
that the strip of rnaterial with the greatest coefficient of expansion forms the 
outer surface of the spring. This construction causes the actuator to contract 
or close wnen heatp sufficiently and expand or open when sufficiently cooled. 

1 he actuators are keyed t^o their respective louver blade so that the louver 
actuator movement. Each louver blade set (two blades) is 
individually actuated with a bimetal element. The fully closed to fully open 
position occurs over a fixed temperature range of 14*^0 (25°F). However 
^ ® point can be adjusted. For the Pioneer Venus application,* the 

temperature is (SS^F), the fully open set point is 270C “ 

r flight experience have shown that the effective emittance 

of these louvers fully open is 0. 69 and about 0. 1 when closed. 


surface directly beneath tiie louvers is covered with an 
0. 013 cm (0. 005 in. ) layer of silvered teflon. This surface acts as a second 
surface mirror reflecting a large percentage of any solar energy reaching the 
louvers, while efficiently radiating the shell equipment dissipation. The 

i^*^0*o/lml hemispherical emittance for this material 

IS 0.08 and 0.80, .-especUvely. However, because of interreflections off the 
polished louvei blades and housing surfaces, a significantly higher net effec- 
tive solar absorptance can be expected. These effects have been tiieoretically 
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FIGURE 6-27. THERMAL DESiGN 
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FIGURE 5-27 (continued). THERMAL DESIGN 
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predu liid and cxpci rimentaily measured by Michalek*, ot al. Radiator solar 
absorptam-o was found to vary substantially with blado oponiny. anglo and solar 
elovalmn an^le, measured in a piano normal to the blade axis ’of rotation, 
typic al results of this study are reproducc>d in Figure 5-li9, which compares 
measured and theoretical louver absorptance. Based on these data, an effec- 
live solax* absorptance of 0» 22 has been assumed. 

T. he inboard surface of the sh^jjf and mounted equipment are painted 
black (emittance 0. 8.5). 


Beryllium doublers are utilized to distribute the dissipation from a 
few high power density units on the shelf to prevent local hot spots. 

Insulation 


The exposed outboard surface of the equipment shelf is covered by a 
superinsulation blanket except over those areas directly adjacent to the two 
hydrazine propellant tanks. Here insulation blankets form an enclosure 
around each tank biending into the shelf blanket and a blanket covering the 
central thrust tube. This arrangement provides a direct view from the tanks 
to the shelf. These insulation blankets consist of 15 layers of crinkled 
0. 00064 cm (0. 00025 in. ) aluminized Kapton covered by an outer layer of 
0. 00^.0 cm (0. 001 in. ) aluminized Kapton (Kapton side out). Kapton was 
selected as the insulation material to withstand the rocket exhause plume heat- 
ing cescribed in subsection 5.2. 

To decouple the louvered radiators from the hot solar panel, a Kapton 
blanket is also placed on the inner panel surface. Because of high exhaust 
plume^ heating rates, the blanket outer layer is increased to 0. 013 cm 
(0. 005 in.) on the outboard 12.8 cm (5 in.) of the panel. A similar local 
increase is made on the end surfaces of the tank insulation. 


Kapton blankets are also placed in the inside surface of the forward 
solar panel substrate to further isolate the equipment shelf. Finally, a 
blanket is supported across the forward end of each spacecraft to complete 
the shelf enclosure* For the probe bus, additional blankets ax*e required on 
the probe support structure and between the large probe and the spacecraft. 
This is required to maintain spacecraft temperatures following probe separa- 
tion. On the orbiter spacecraft, the high gam antenna mast is also super- 
insulated to maintain the required BAPTA temperatures. 

AM supe rinsulation blankets have an effec:tive inside to outside 
emittance of 0. 02. 




1. J. Tviicnalnk, E. A. Stipandi(\, and M. J. Coyle, **Analy tic:al and 
Expo rinuMit.al Studies c;f an All Spxu’uJax’ Thert^iaJ Contx'ol Louve r Systeni 
in a Solar Vacuum Knvi romnent, Paper No. 72-268, AIAA 71h Thermo- 
pb.ysics Cunfeionce, San Antonio, rexas, April 1972. 
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The aft cmd of the; probo bnK thrust tubo is ( losod ijy a blanket. On th<5 
i>rbiti!r spacec raft, this closure is a stainlcuss sl.'C’l bai’rier, 0.0076 c:m 
(0. 00-i in.) thick, required to withstand the orbit insertion motor exhaist 
plume heating. The outer surfuc;e of the. barrier i.s finished with a high tem- 
perature black oxide coating having a total ernittance of 0.63, The inside 
surface of the barrier has a Manovia gold finish, ernittance of 0.05. 

Propulsion 

As indicated in Figure 5-30, axial thrusters arc; mounted on support 
structures attached to the equipment shelf. The forward axial thrusters are 
enclosed by the forward insulation blanket v/hich provides necessary isolation 
of thruster valve and propellant line froiri the environment. The aft thrusters 
are mounted to the opposite side of the shelf in a similar manner. 

However, since this end of the -spacecraft is open, an insulation 
blanket must be added to enclose the support structure providing a coupling 
to the shelf. 

Figure 5-31 illustrates alternate installations of the radial thrusters. 
The Ir/st is used for the probe bus thrusters fired prior to probe separation. 
After the probes are released, the axial shift in c. g. requires use of a second 
set of thrusters mounted in the manner .shown in Figure 5-31b. In this second 
installation, shown mounted on the aft shelf surface, the shelf blanket encloses 
the thruster and bracket. In all thruster installations, a multilayer stainless 
steel radiation heat .shield is placed around the catalyst bed and nozi^ile to 
protect surrounding surfaces from high temperatures during thruster firing. 

To maiiitain thruster valves above propellant freezing point and 
catalyst beds at minimum firing temperatures, electrical heating is required. 
To maintain temperatures near earth and during eclipses, 0. 25 W heaters are 
provided for each radial thruster value and each catalyst bed. When not illu- 
minated by the sun, the axial thrusters require 0. 5 W heaters on the valves, 

0. 75 W on the catalyst beds. 

All heaters are coinmandable. The axial thruster heaters are 
separately switched, forward and aft, because when one end of the spacecraft 
is ilkirniuated by the sun near Venus, heaters must be off to prevent overheat- 
ing while the heaters must be on for the opposite thrusters. The radial 
heaters can remain on continuously, but arc capable of being commanded off 
through a single (redundant) svvitch. 

The enclosed propellant lines and insulated tanks require no heating. 
The tank manifold limns must be numnted to the shelf under the insulation 
bJanket to efficiently cantrol their temperature. If located outside this blanket, 
they would require several watts of tumter power since they are difficult to 
Insulate separately and would overheat during p(>i’i.ods of .solar illumination if 
covered W’ith a sirtiple Jow' emittanc e aiumintim foil. 
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FIGURE 5-31. RADIAL THRUSTER INSTALLATION 
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b) THROUGH SOLAR ARRAY STRUCTURAL CVLINDf R 
FIGURE tj 31 (Continued). RADIAL THRUSTER INSTALLATION 
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table 5 - 7 . PROBE THERMAL FINKHK 

g.ma U Frol3e_ 


— 

Surface _ 

^j^rae Probe 

Heat shield 

45 percent \ 

aluminized teflon 1 

56 percent 1 

black paint ] 

i 

Aft cover 
Sides 


Rear 

1 Black paint 

mmjLi ’ 



Alumini?-ed Kapton 


66 percent 

black paint . 

34 p<a recent | 

aluminum foil 

AlAiminum foli 
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TABLE »>-H, THOR/DEL i'A SPACECRAFT THERMAL CONTROL 
MASS AND POWER SUMMARY 




Probe Bus 

r 

Orbite 

r ' 


Mu 

iss 

Powe r, 
W 


Power, 

W 



lb 

kg 

lb 

Louvers 

1.7 

3.9 


2.3 

5.2 


Blankets 

6. 5 

14. Z 

- 

6. 5 

14. 2 


Shelf doublers 

1. 5 

3. 3 

IM 

1.9 

4. 2 

M 

Coa.:ings 

0. 5 

1. 0 

m 

0. 5 

1.0 


Temperature sensors 

0. 1 

0.2 

• 

0. 1 

0. 3 


Thruster heaters 

❖ 

*1' 

4. 5 



5. 8 

Orbit insertion 
motor heater 

- 

- 

mm 


1 

5. 0 

Totals 

10. 3 

22.6 

4, 5 

11. 3 

24. 9 

iO. 8 


❖ Weight in propulsion subsystem 


TABLE 5-9. THERMAL CONTROL 
HARDWARE DERIVATION 


Element 

Hardware Derivation 

Louvers 

^ ■■ 

Procured from Northrop Corp. for 
classified spacecraft program 

Silvered teflon radiato ’ 

Classified program 

Thruster heaters 

Intelsat IV 

Orbit insertion motor 

Intelsat IV 

heater 


Kapton insulation blanKots 

1 Intelsat IV 

Stainless steel thrust j 

' HS-333 

tube barrier 


Coatings 

1 

Intelsat II, IV, TACSAT, ATS, OSO 
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Mass avid ^V)\vorJ^uvnm.^ry and Haj:Jwarc' Derivation 

The spacecraft thermal c ontrol mass summary is shown in Table ii-8, 
alonu with heater power requireinents . Heater mass is reported by the 
propulsion subsystem. The derivation of the subsystem hardware js shown m 
Table 5-9. As indicated, thermal control utilizes hardware elements proven 
on flight spacecraft. 

Spacecraft Desi gn Performance 

Bulk Te.mperatures 

To determine the basic design approach and provide boundary 
conditions to more detailed thermal models, biilk spacecraft thermal nodal 
models were devised for the probe bus and orbiter spacecratt. These net- 
works, shown in Figure 5-32, include the equipment shelf, the louvered 
radiators, hydrazine tanks, t..e aft cavity surfaces, soiar panel, thrust tube, 
orbit insertion motor^ and forward blanket. 

The principal steady state design conditions for the prcjbe bus include 
near earth cruise, near Venus cruise, and post probe separation. Table b-1 
summarizes the bulk temperatures for these conditions along with assumea 
shelf power based on the requirements and solar array characteristics given 
in subsection 5. 1. Similar results are shown in Table 5-11 for the orbiter. 
In this case, the nearly steady condition of near apoapsis operatmn in Venus 
orbit is shown for the maximum temperature condition along with the effect 
of 3. 3 deg off normal sun angle. 

These temperatures generally indicate the required limits are met 
with satisfactory margin. However, several transient conditions must be 
examined. Using the orbiter bulk model, the following mission events were 

analyzed: 

11 Trajectory correction maneuver near earth, sun angle = 170 deg 

2) Orbit insertion, sun angle = 103.5 ± 5 deg 

3) Periapsis heating 

4) Near apoapsis eclipse 

The near earth TCM case applies to either spacecraft and was based 
on the worst case orientation. The solar interreflection data discussed in 
subsection 5. 2 were used to determine the solar loads on the loiters. She* 
and louver blade overheating are of concern during this event, the results, 
shown in Figure 5-33, indicate neither occurs during the maximum allotted 
maneuver time of one hour. The louver blade temperature equilibrates 
rather rapidly while shelf temperature is still increasing. Ihis suggests 
that extending the ma.ieuver could cause shelf overheating. It also mdica es 
that this extreme sun angle 'vould certainly cause louver blade overheatit^g i 
required near Venus. 
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TABLE S-IO* thor/delta PROBE BUS STEADY SIAIE 
BULK TEMPERATURES 


Tempe rature 


Temperature Limits 



Location 

Louver radiators 
Equipment shelf 
Hydrazine tanks 
Solar panel 


4 to 49 
i to 38 


40 to 120 
40 to 100 


Near Earth 
Cruise 

14 (57) 

16 (61) 

7 (44) 

24 (75) 


Near 

Post Probe 

Encounter 

Separation’!' 

17 ( 63) 

21 (69) 

21 ( 69) 

25 (77) 

11 ( 51) 

12 (54) 

67 (152) 

36 (97) 


Solar panel -100 to 72 -148 to 162 24 (75) j 67 (152) io 

= 45 deg sun angle 

TABLE 5-11. THOR/DELTA ORBITER STEADY STATE BULK TEMPERATURES 


Ternpe rature °C (°F) 


JLocation 


Louver radiators 
Equipment shelf 
Orbit motor case 
Hydraainc tanks 
Solar panel 


Temperature Limits 

1 o„ 


^ Conditions 

Near Earth Near Orbit Orbit 
Cruise Insertion Operatic 


In Orbit 


Cruis e 


Operation 1 3 Deg Off Normal 


4 to 49 
-7 to 3^ 

4 to 38 
-160 to 135 


40 to 120 
20 to 90 
40 to 100 
-256 to 275 


20 ( 68 ) 


18 ( 65) 
22 ( 72) 
25 { 77) 
15 ( 59) 
72 (162) 


18 ( 65), 
22 ( 72) 

12 ( 53) 
72 (162) 


21 ( 70) 
25 ( 77) 

16 ( 61) 
72 (162) 


With 5 W heater 











% 
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A similar condition exists tor the orbiLtu' during Lde orbit insertion 
sequence. For the Type Jl transit trajectory, the sun angle for the firing is 
103. 5 ± 5 deg. Again, using the data obtained in the interreflection tests, the 
response of the shelf was analyzed to determine the allowable time at this 
attitude. The results are shown in Figure 5-34, The nominal shelf tempera- 
ture of 49^C (120^F) is reached within about 4 h for the maximum sun angles 
Allowirg 5°C (10°F) design margin, these data show that this attitude can be 
maintained for about 2. 5 h for the maximum sun angle, about 6 h foi the 
nomi.ial angle, and indefinitely at the minimum angle. The louver blades 
would reach equilibrium temperatures for this case somewhat lower than those 
shown f<)r the near earth TCM. 

The response of the orbiter shelf temperature during the maximvim 
periapsis planetary heating condition was analyzed. The spacecraft/orbital./ 
sun geometry assumed is shown in Figure 5-35. The minimum periapsis 
latitude of 21‘^N was assumed to maximize the albedo load. The planetary 
loads on the louvers, computed assuming a 150 km periapsis altitude, were 
bounded by assuming that no blockage occurs and that all the energ'’’ incident 
on the disk representing the solar panel diameter is absorbed by the space- 
craft aft cavity. The variation of these loads with time from periapsis is 
shown in Figure 5-36. The shelf response to this transient is small as shown 
in Figure 5-37, 

The eclipse response for both spacecraft is bounded by the orbiter 
transient during the 190 min near-apoapsis eclipse. During this period, 
internal power is minimum (40 W), whereas during the shorter 23 min) 
periapsis eclipses the spacecraft is at full power. The probe tius experiences 
a single eclipse of about 30 min at launch. 

Bulk orbiter eclipse response is shown in Figure 5-38 t'or the shelf 
and the hydrazine tanks with propellant mass is a parameter. As shown, 
minimum shelf temperature is quite acceptable. For an 0. 68 kg (1. 5 lb) 
minimum propellant mass remaining at this point (180 days in orbit), the 
hydrazine temperature limits are satisfied. 

Solar Array Temperatures 

The mission profile of solar array tempe ratuies for tiie probe bus 
(Type I trajectory) and the orbiter (Type II) are shown in Figr re 5-39. These 
temperatures are nominal values assuming spin axis normal to the ecliptic- 
plane and zero array electrical efficiency. The incremental temperature 
effect of assumed efficiency on array temperature is shown in Figure 5-40, 
along with temperature prediction uncertainty. 

An important condition is experienced by the orbiter solar array during 
periapsis pass where tratxsient planetary heating occurs. Array response for 
the worst case sun orientation (which occurs '•180 days) is shov;n in 
Figure 5-41, along with the response for th« periapsis heatir;g at the time of 
orbit insertion. A significant response is indicated fur the worst case and a 
significantly reduced peak temperattire for the more nominal case. As shown, 
the maximum aerodynamic healing at 150 km periapsis has a small effect. 
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FIGURE 5-34. THOR/DELTA ORBITER SHELF RESPONSE DURING ORBIT INSERTION PHASE 



FIGURE &35. THOR/DELTA TYPE II ORBIT GEOMETRY 
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liAI^I’A ra ' u ■•■‘n 

riu- orijiti'r i;am anl<’nna in (h-spun |jy Ih'.' brariii}' aixl powar 

1ranhf<‘i- assamhly (I^AJ' l'A), 'I’lxiipa ratu ri' i m.t i i)l nl tins a.s:>i inbly i.s impor- 
tant siura iu-aniu', loru.iio and loads arr (lajH- nda iit. uiuiii la m pr r. it n ro lava! 
and diffaranliais. Dalail' d tamparatura d i si ri Imti on s \va ra ui-narati-d from 
lha IVAPrA thermal i.alwoil^ dapii lad in l-'inura b-did. As uxliaatatl, the 
anianna mast is assumad to ha suiia rmsulalad to mimmi/a' ana raj aondua .-d 
lo or from tha daspnii sida of t!ia lanirinp. Uadiatiim and < undin tion boundary 
lampa ratu riis wort* laltmi from Ilia stiaaaa raft Indie tiunpi; • alu ra solutions dis- 
aussad aimvo. Ifoarinu dissipation w i.s assumad to ba 1.0 W maximum, 
distrilmtcd in flit! manm*r shown in Fpiura 5-4<d, 

Two design conditions wt;rc exaininad tti dett'rmine tha. range of 
temperatures oacurring within the BAPTA during tha mission. Maximum 
temperatures will exist during Venus orbit operatioii when cnvirtmmental 
loads and boundary temperatures are ma:-dmum. Minimum temvjcrature f <>a • 
ditioi's occur during the near apoapsis 190 min eclipse, with the beaiung mo t 
off. I’he prodiett'd steady state nodal lampa .-aturas are given in laole o-ltt 
for the apoapsis power condition. As indicated, the liaaring temperatures an 
well below the upper limit of 38«C {100‘^F). Maximum bearing temperature, 
difference (at the forward bearing) is approximately 3”C (5. 6'-'Fi, an i .st- 
able value. The forward and aft bearing response to the neav aDcapsts -elips 
is shown in Figure 3-43. Again, adequate margin above the .fcs’gu lumt o. 
4‘^C (40‘^F) is indicated. An examination of the design \vj1.hoi.tt the mast insu- 
lation showed maminaJ performance -luriug the steady cruise couditious and 
minimum forward bearing temperature (9^F) below the design limit 

during ape-apsis eclipse. 


TABLE 3-12. ORBITER PAPTA STEADY STATE TEMPERATURES 



Temperature (”F) 

1 


Design Conditions 


Location 

Near Earth, 
Operating-''’ 

Near Earth, 
Nonoperating 

In Orbit 

Operating^' 

Rearing - Top 
Spi titling side 
Despun side 

U. H (35.1) 
13,0 (33.4) 

11. H (53.2) 
10.3 (30.8) 

18.4 (63.1) 

20.4 (68. 7) 

Bearing - Bottom 
Spinning side 
Despun .side 

14. 1 (37.4) 
13.7 (36. b) 

10. 8 (31,4) 
10, 6 (31.0) 

21.1 (70.0) 
20. 9 (69. 6) 

Mi'tor 

13.0 (33.0) 

12.0 (3 3.0) 

18.0 (63.0) 

Despun Hub 

l'3.0 (33.0) 


21.0 (69.0) 
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♦ u -aciial thrusters experience stearin,. • 

the sjjacecraft approaches Venus with itc = • ^ increasing solar heating as 

Son.c. quasi-ateady variaUonrara naLa', au„ lint-, 

tha spacecraft spin axis is reoriented ftr ortThc'’ 'i'! mission when 

However, maximum and minimum^steadv^ atmospheric 
mined by solar heating at Venus and steady temperatures are deter- 

normal to the sun line. Steady-state 'vith the spin axis 

tures are given in Figure 5-44 for tLse enlrro""® f ^talyst bed tempera- 
function of valve heater size i/«h , environmental conditions as a 

These results indicate that an 0^ 25 W vi’vL t heating is considered, 

valve temperature above its lou;r ii^i^ I?®?/-®" required to maintain 
earth environment. Maximum temperatures Ve^'rmf the near 

valve heater on. Heater sizing is based rm 1 acceptable with the 

The effect of maximum bus vStaJ e (33 V^ca V. 

(Q 33 1. 61 Q 26 ). Adequate matiU^ ^he data given 

effect considered. perature margin is shown with this 

the long, infrequently Inc^cSillftered^ min thrusters are dominated by 

near the end of the vlnus orbu mfssll tSu??' 

response to this condition is shown in tt* hruster valve and catajvst bed 
heater only. As indicated; valve 

but catalyst bed temperature is marginal FiauJe ®'f'^‘^^^‘^^"rily maintained 
heater on the catalyst bed provides i’ubstlnU^f mLghi " ' 

" as selected for analvsfs^ s^nce^^^i^lo^ati^n spacecraft 

coupling to the thermally controlled portion of the space^^^X"'' 

heaters. The 3 de^g'Toleranc^^ fhe^*^ "'htch can size the axial thruster 
normal to the sun line can, in the worsTcTse ®Pin axis orientation 

the aft thruster. During probe separat on '".^'‘"stantial shading 

entry, even more extensive shadino mn tiltiprobt mission) and final 
for long periods relative to the thruster Ss-mbl exist 

also the long orbiter apoapsis eclipse transVeTt T^ ‘^em.sLanl. There is 
assumed that rhe thruster heaters should hi conservatively 

Figure 5-46 presents thrustc" and caU ^ 

assumption and minimum (near earth) sLif tenXX;''" V 

/ Lcmpciature. Valve temperatures 
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FIGURE 5-45. RADIAL THRUSTER THERMAL RESPONSE DURING ORBITER APOAPSIS ECLIPSE 
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FIGURE 6-46. AXIAl THRUSTER STEADY STATE TEMPERATURES 



O^^NOmTnaL MOD^e'^'^*' of AXIAL THRUSTER THRUSTERS IN NEAR-EARTH 
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art! shown to bo relatively insensitive to eatalyst bed heatt:r s ;> tluii an 0. S W 
valve lieater was assumed and the catalyst bed heater varied to find the 
required combination. As shown, an 0,75 W catalyst bed heater is nec<>ssary 
to maintain satisfactory margin. It was assumed in this study that heater 
size increment is 0,25 W. 

The maximum temperature condition for the axial thrusters occurs 
d\xring the first TCM if the extreme 170 deg sun angle is assumed to exist for 
1 h. Figure 5-47 shows the aft thruster response to this transient. As indi- 
cated, temperature limits are maintained if heaters arc turned off. A similar 
condition could exist for the forward axial thrusters if the sun angle were 
- 10 deg. Furthermore, since spacecraft spin axis orientation of the sun line 
normal tends to produce maximum heating on one set of axial thrusters mini- 
mum heating of the axials on the opposite side of the spacecraft, these heaters 
mast be separately switchable. Similarly, the radial thruster heaters must 
be switched independently from the axials. 

Orbit Insertion Motor 

Table 5-11 presents the orbit insertion motor temperatures and heater 
power requirement for this design. The design requires that sometime during 
ti.e transit trajectory from earth to Venus, the throat heater is sv.ritched off 
when it is no longer necessary. 

Probe Temperatures 

Temperature profiles for the large probe during the mission prior to 
entry are given in subsection 5. 2. As indicated, maintaining minimum probe 
battery temperature above -40^C near earth while providing initial tempera- 
ture at entry in the range 4°C ± 5°C are the primary objectives, which the 
passive design has been shown to provide. 
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-1 ATLAS/CF,N'J’AUU BASKLINK DESCRIPTION ‘i I 

i 

'I'he thermal riesign concepts utilizcrl for the Atlas/ Centa\ir | 

configura lions are nearly identical to those shown for Thor/ Delta. Equipment 
temperature limits and power requirements are given in subsection ‘j. 1 for 
the Atlas/ Centaur designs. The sun angle conditions and eclipse durations 
are somewhat different for the 1978 Atlas /Centavir Type I multiprobe and 

Type II orbiter missions. As indicated in the summary given in Table 5-13, ; i 

notable differences occur in the probe sun angles after separation and the 

orbiter sun angle at orbit insertion. Also shown is the decreased duration ; 

of the apoapsis eclipse from 190 to 108 min. 

Spacecraft Design 

The thermal designs of the Atlas /Centaur probe bus and orbiter space- 
craft are shown in Figures 5-48 and 5-49. As indicated, these designs are 
very similar to the Thor/ Delta configurations. 

Equipment Shelf 

The same approach is used to control shelf temperatures, i. e. , 
isolation from the environment and the use of thermal louvers. Somewhat 
higher spacecraft power and increased louver blockage by the conical thrust 
tube has led to increasing the number of louver modules to 10 on the probe 
bus and to 1 2 on the oi’biter. Furthermore, the use of additional radiator 
area on the orbiter to generally depress the orbiter temperature level was 
considered necessary to extend the transient capability of the design during 
the orbit insertion phase. The shelf honeycomb thickness for the Atlas/ 

Centaur designs has been increased to 6. 4 cm (2. 5 in. ) to reduce the vibra- 
tion loads predicted for the increased diameter shelf. The adverse effects 
of the increased temperature difference across this thickness between the 
equipment mounting surface and the radiators has also required increased 
radiator area. 

Tlie orb’tcr equipment shelf layout is illustrated in Figure 5-50, show- 
ing unit, louver, and doubler placement and doubler thicknesses. The 
doublers are beryllium sheets placed under those units which have power 
densities requiring radiating surface areas substantially more than the unit 
mounting areas, even though they are placed directly over lovxver modules. 

The rf power amplifiers are the principal items in this category. Other 
units that cannot easily be placed over louver modules, but have moderately 
high power density reqvuring more lateral conductior than is provided l)y the 
shelf, are also placed on doublers. The magnetometer electronics and the 
solar wind analyzer experiment .>re svich units. The other experiments, 
being used only transiently, are controlled by heat capacity. 

The probe bus shelf arrangement is similar as shown in Figure 5- i! 
with orbit unique units being replaced by the fewer probe bus uniqtie units. 

The reduced bus power allows the removal of 2 of thc^ 12 orbiter louver 
mo<lules. The doubler.s remain the same. 
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ABLE 5 - 13 . ATLAS/CENTAUR SUN ANGLE AND ECLIPSE HISTORY 
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FIGURE 5-49. ORBITER THERMAL DESIGN 
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FIGURE &50. ORBITER EQUIPMENT SHELF LAYOUT 




lusulatiini 

MuJtilayt^r Kaplon sup.*riaKuUtiun shown lor'the Thor/ 

Atlas/ Centaur spat tu ralt in much ‘ insertion motor 

nelta .lesign. A notable oKCopUon a small portion of 

on the orbiter vehicle separation plane. Ihis 

;he ease extend outside the thinat t olane from any thern^al harrier 

increased distance of the motor noz/de in Ireatlv reduced 

closing the area i„ suliseclion I, the high 

exhaust plume heating. shown Air the Thor/ Helta design was 

temperature stainless stce >. , . * Furthermore, the larger diameter 

replaced by a Kapton mviltiUiyc • , ' ^,gt^een the thrust tube and the 

thrust tube results in blanket Therefore, to provide better 

cavity between the shelf and ^ward Jner t^^rusV tube surface, has 

ThtremuSir^^^ 

covering the case with aluminum foi*. 

Because exhaua. plume “m:“‘a\'e^ta“‘ 

and propellant tank in.nlation. the local thickening of insulal 

is not required (or the Atlas/ Centaur designs. 

Pr opulsion 

i Hip Thor/ Delta design concepts are retained. The 
Here again, most of the Tho ^ ' somewhat modified from that 

hydrazine thruster assembly design . isolation between propellant 

considered in the Thor/ Delta studies ^ separate catalyst 

valves and catalyst beds has been reduced to P, increased to 

bed heaters are no longer require . radial thruster 

provide the same total heater power, 1 . c. , / 

valve and 1-1/4 W for each axial valve. 

Because orbiter temperature levels rri^rthe 

s^iMrsi rr^gim^nViiTiie;' 

atlln. reqSlrmg 3 W o( power 

pet tank. 

>.7 , 

The lower ‘ ^ ireatment of the motor is somewhat 

been increased to 4 C (40 I). rpy^e nozzle throat heater and 

changed because of blanket liecause these items extend 

JJitside the thrust tube insul^^^ ,, k 

of inorganic (Hughes HP wh^U j,i^,,ly stable in 

propellant temperatures J)‘»t to g „ ^Jqoc (1,OOOOF) nozzle 

the solar environment yid expected to increase from 

vemperafures. Solar absorp a _ firfng because of solar exposure. 

0. 18 initially to approximately 0. ^8 at tiring tieca 
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TH- pasHivf th.-nnal . a.ntrol .,ppro.iC h uUl U, r Uu* '‘ ‘‘‘'i;/ 

i;:::';,:\r;;!:r.r:::,.'“u --w p..H..n 

ot th«' transit irom Ilarth to Vt'nus. 

The o, sun ,„.kI.-.. .-xp. nn.eo,, by P;“'‘;;,;::tpPoaeh.... 

rover receives illvu-ninaUon. ^ primary thermal desisn 

depending upon the choice of fmishch. b ,, „ntrv the approach was to 

objective is to provide minimum temperatures ^ p,int 

aft cover bui faces, a < p mitiipii/e Inis heater power required 

'd/sLd^Utt\e^ energy while dissipating substantial energy during the 

transit tvission when the sun is nornuil to the probe spin axis. 

Tilt* '••mall orobe thermal finishes are also shown in !• igure 5-^1. 

thraVtrT:e\v"mtot orT tliel' sTrTc'e^^^a^eTMgh absorp- 

ttace (black paint), which tends to minimize bus heater power. 

Ma ss and Po wer_S^ma ry and H a^cly^reJ^eT^af^ 

A sump, ary »£ the sparreraft thermal cuntrol 
Table ^-14* along with lieater power reqiuremc n . . 

Lr.Lre is iimUar to that shovn for the Thor/’)clta designs. 

Spacec raf t 

Buik T e mperatures 
The bulk spacecraft 

nodal models shown in Figures and wh'ch are , imiiar 

used in the Thor/ Delta studies. 

, r r Jtf -r »-|'V.wor taea 

on the requirements mid 

templ^'aulr^s^^ reqntrod margins are .r,et with satisfactory margin. 




I ABl.F S- 14. A 1 LAS/CENTAOR 1 I’KUMAl. CONTROL MASH 
AND POWFJi RFQUl'RI-.MFN'IS 



Prolie Bus 


Orbiter J 


f 

Ma.ss I 

Power, W 

Mass 1 

Power, \V 


lb 


lb 

i .ou\ o rS'l' 

{ 2.9) 

6. 5 


3.6) 

7. 8 

— 

]’ilai\kot.s / support 

1 1. f) 

2!j. 2 


10. 6 

23. 2 


vShelf doublers 

2. 3 

5. 0 

— 

2, 3 

5. 0 

- 

Coatings 

0.9 

2. 0 

— 

0. 9 

2. 0 

— 

Tornperature sensors 

0. 1 

0. 2 

— 

0, 1 

0. 3 

— 

Thruster h eater 

(0. 16) 

0. 4 

4. 6 

( 0.2) 

0. 5 

5. 8 

OIM heater 

— 

— 

— 

( 0. 04) 

(0. 1) 

15. 0 

Tank heaters 

(0. 27) 

(0. 6) 

10. 0 

{ 0. 27) 

(0. 6) 

10. 0 

1' Ota Is 

14. 8 

3 2. 4 

14. 6 

13. 8 

30. 5 

30. 5 


Mass tabulated in Controls Subsystem. 
Mass tabulated in Piopulsion Subsystem. 



node id description 

1 equipment SHELP 

2 INSULATION 

3 INSULATION 

4 THRUST CONE 

5 THRUST CONE 
B LOUVERS 

9 SOLAR panel 

10 INSULATION 

11 INSULATION 

12 INSULATION 


node id DESCRIPTION 


FIGURE 5-52. 


U EQUIPMENT SHELF 
14 INSULATION 
16 INSULATION 
16 INSULATION 

18 TANK INSULATION 

19 PROPELLANT TANK 
21 INSULATION 

24 INSULATION 


PROBE BUS NODAL MODEL 
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FIGURE 5-S3. ORBITER THERMAL NODAL MODEL 
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However, as was the case for the Thor/Oella flesif^n, lemperattire 
extremes for the orbiter spacecraft will be encountered during transient 
conditions. Using the orbiter bulk model, the orbit insertion phase was 
examined to determine maximum time which could be spent in the worst case 
attitude before the equipment temperature limits were exceeded. As shown 
by the response given in Figure 5-54, bulk average temperatures of 46°C 
{115*^F) are reached in 3. 5 hours for the worst sun angle (114 deg). This 
satisfies the temperature limits for most eqxjipment operating during this 
period. However, the high power density rf units, i. e. , the transmitter 
power amplifiers, will sustain local mounting surface temperatures about 
11°C (20*^F) higher than the bulk average shelf temperature. Therefore, 
these units require higher temperature limits of 60^C (140^F) to meet this 
transient condition. Also shown is the response for the nominal sun angle 
of 111 deg, which results in a shelf bulk temperature of 40°C (104°F). This 
analysis was based on louver solar loads derived from the interreflectance 
test given in subsection 5. 2. While this data was developed using a model of 
the Thor/ Delta aft cavity geometry, it is considered applicable to the Atlas/ 
Centaur design. Although the conical thrust tube would tend to increase 
reflected loads, the major source of reflections is the solar panel. Since 
the proportions of the cavity are similar, no major differences in this latter 
effect is expected. Furthermore, as indicated in the referenced test report, 
some conservatism is present in the data because of modeling limitations. 

Minimum orbiter temperatures will be experienced during the apoapsis 
eclipse in Venus orbit. Bulk shelf response is shown in J'igure 5-55, along 
with propellant tank temperature. As indicated, shelf temperature remains 
well above minimum limits. The propellant tanks are shown to be above 
their lower limit after the 1. 8 hr eclipse duration associated with the 1978 
Type II mission. 

The alternate 1980 launch results in an eclipse duration of 3. 2 hrs. 

The tank temperature for this eclipse dura,tion is shown to be at the limit. 

The effect of providing 5 W of heater power per tank is also shown to produce 
acceptable temperatures for this extended eclipse. However, shelf tempera- 
ture is approaching its lower limit of 4°C (40°F). 

The other transient design conditions, including first TCM and 
periapsis heating, will have effects similar to those shown for the Thor/ Delta 
designs. 

Shelf Tetriperaturcs 


Temperatures of shelf units is shown in Table 5 *17 for several impor- 
tan orbiter design conditions. The early cruise mode results in steady state 
temperatures well within the lower bulk shelf limit of 4“C (40“F). The apoap- 
sis operating mode in Venus orbit (no long eclipses) results in temperatures 
substantially below upper limits. Temperatures for the orbit insex'tion, and 
apc»ap.sis eclipse transients are al.so shown. The orbit insertion transient with 
maxirruxm solar illumination in the aft cavity results in maximum unit tetupera- 
tures, A.s shown for a 3-1/2 h period, the power amplifier temperature.s 
slightly e.xceed their hO'^C. (140»F) limits as <lo the ADP ;uk1 T/M proc essor. 
Because son\e degree of conservatism esi.sl.s in thc' lower solar loads and 
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TABLE 5-17. PIONEER VENUS OR BITER SHELF MOUNTED UNITS 

TEMPERATURES - °C (“F) 



I»i ian.s«‘ tlu s«> U'lupr rulu r«*s fxist only l)ri<-ny, op<'»’alinn in tlw n uion of unit 
<|ttaliriration ntarpin ( ± 10’ C) wa.H t’ons idr ri'*l afc<‘ptal»li'. I 1m- l>a4ori«s 
approarh ( 100" F). IIovM-vor, llu y am nonopo rating du'-inj; this phase 

as is tile »>nli re <‘xp<*piment eonipl<*nM'nl. 


Tlu? t ransient experinumt op<M*alion at periapsis rc.-snJts in iiiasiinnm 
lemperaln res within limits. Satislat tory mininmm battery temperatures are 
sliown lor l>otl> tlie I.H li ami i.<i h apoapsis cn lips<!S. 


Solar Array Temperatures 

Solar array temperatures, including those during orhiter periapsis 
passes, will be similar to those shown for the Thor/ Delta designs. 


HAPTA Temperatures 

The IIAPTA design is similar to that proposed for the Thor/ Delta and 
the thermal integration into the spacecraft will be similar, i. e, , BAPTA 
enclosed in the forward insulation blanket and the high gain antenna mast 
insulated. 

The BAPTA temperature extremes are dependent on the spacecraft 
boundary temperatures which are similar for the two designs. 

Thruster Temperatures 

The temperatures of thruster assemblies shown for the Thor/ Delta 
design are generally applicable to the Atlas/Centaur configuration. 

Orbit Inse rt.ion Motor 

Temperatures and heater power required for the orbit insertion motor 
are shown in Table 5>16, indicating satisfactory margins. 

Spacecraft Design Tradeoff s 

Louver Arrangement 

Because the louver actuator senses mounting surface temperature, 
proper control is achieved when the louvers are mounted to the equipment 
shelf. As discussed in subsection 5. 3, interreflections limit the minimum 
solar absorptance achievable with a louvered radiator to about 0. 22. This 
requires that the louvers be located so that direct solar ilhimination occurs 
only transiently at most. This is particularly important at Venus where 
solar intensity is nearly double the value at Earth. 

As indicated in Table 5-H, probe bus attitude requirements result m 
extensive steady state solar illumination of the probe end of the spacecraft, 
while the aft end is illuminated for not more than I hr near earth during the 
first TCM. These attitude requirements, combined with the mounting arrange 
ment of the small probes, makes spacecraft heat rejection from louvers 
mounted on the probe side of the equipment shelf very difficult. Therefore, 
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Juuvers .ire mounted on the aft hide of the shelf and equipment mv the forward 
side. This .tIso satisfies experiment requirements for fields of view forward 
along the spin axis. 

The orbiter spacecraft configuration could accommodate forward 
radiating louvers, since the HGA represents minimal blockage. Furthermore 
i\v^ orbiter attitude requirements do not resxilt in any long term solar ill ^ 
ation on the forward end of the spacecraft. Conversely, the orbit insertion 
attitude causes moderate illumination of the aft cavity for a minimum o / 
hr. To simplify mission operations, it is desirable to extend this time il 
Dossible. This suggests that the optimum orbiter thermal configuration is 
an arrangement placing equipment on the aft side of the shell with the 
radiating out the front end of the spacecraft, as illustrateu schematically in 
Figure 5-56. However, experiments requiring a forward view rnust also be 
mounted on the forward side, complicating the forward thermal blanket design 
and creating some additional louver blockage. 

This arrangement, also shown in Figure 5-56. does provide the 
caoabilitv of maintaining the orbit insertion attitude indefinitely without over- 
heating tL equipment shelf. The constraint then becomes orbit insertion motor 
propellant overheating. However, this would not occur for 

hours, because of the large motor heat capacity. Furthermore, this constraint 
could be removed if the motor nozzle finish was modified to a lower tempera- 
ture level. This would, of course, increase heater power required near earth. 

A disadvantage of this reversal of lower mounting is loss of yielf 
design commonality between probe bus and orbiter. As 

thermal blanket design is substantially more complex because of the need to 
cover experiments on the forward side of the shelf; access is also 
This approach was not selected because the cost of deviation from a common 
shelf design was deemed unjustified when considering that the selected base- 
line configuration can provide the 3-1/2 hr minimum time in the orbit inser- 

tion attitude. 

Consideration of mounting all equipment and louvers on the forward 
side of the shelf was discarded because of excessive shelf weight require^ 
to conduct unit dissipations laterally to the louvered radiator surfaces This 
could be reduced by using heat pipes embedded in the shelf at the co.^t ot 
increased complexity and departure from flight pr«''en design, r urthermore, 
shelf area is probably insufficient to achieve a workable arrangement. 

Aft Cavity Design 

The thermal finishcc selected for the surfaces forming the spacecraft 
aft cavity strongly influence the solar loads received by the louvered radiators. 
Because time in the orbit insertion attitude is limited by shelf temperature 
rise caused by the solar heating of the aft cavity, alternative cavity designs 
have been studied. The first alternative considered was tVie removal of the 
solar panel insulation and painting of the inboard surface of the panel black 
to reduce solar reflections. This results in a substantial reduction in panel 
temperature (from 72«C to 32”C) and an e.stimated 50 percent reduction in 
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■-u.L.r lo.uls on tiio louvors. ll.)WfVtT. Hit* radiation ( ouplinn ol tlu> iouvt r.s lo 
Uii' soJar i-vrn at this nuUut^ti tt^mpi'ratii re, increases tlie preorl)il 

ins. rliiM) slu‘11 u>rnp«‘iatnr<- Jt vol S“C. l lio net resuJt is that sheJ) tempera- 
tur. s alter lir at the orliif insertion attitude are nearly the same as 

prt*tlu ti‘(l lor till' liascline desij^n. 

Ant>|lier approach considered was tlu retention of the solar insulation 
ami the decrease of solar reflectance of all insulated surfaces hy some means. 

1 his wouhl reduce louver solar liealing hy al nut ttS percent. However, the 
nuMiis lor .ichieviiif^ a "blacky outer surface on the insulation lilankots is not 
oi)vit)u.s, Kapton has lieen painted black for some applications other than 
insulation blankets. However, the paints which have been used could not 
withstand the high temperatures expected from orbit insertion motor exhaust 
plume heating. High ternperature paints tend to he brittle, making them 
undesirable for application to the flexible insulation blankets. A black fiber- 
glass insulation cover could be used, but its weight would equal that of the 
insulation. Recause of the uncertainties in the implementation of this approach. 
It was not considered further. 


Shel f Design 


The use of heat pipes to provide lateral conduction pains along the 
eqviipment shelf was considered as an alternate to doublers. Early studies 
indicated that for shelf arrangements where units dissipating 5 W or more are 
located some distance from a louver, no reasonable doubler thickness could 
provide the necessary conduction path. A limited examination was made to 
determine a heat pipe arrangement which could provide this path. Such an 
arrangement is shown in Figure 5-57. The pipes were assumed to be alum- 
inum using ammonia as working fluid. The major consideration is <^he allow- 
able temperature difference (AT) from unit base to the louvered radiator 
Excluding drop across the shelf thickness, this AT was selected as 10°C 
a.? Burning the shelf temperature over the louvers was 20°C (68‘’F). 


However, it was concluded that careful arrangement of equipment 
resulting in th.':' location of units dissipating 5 W or more steady state directly 
over louvers could achieve the same objectives. The use of doublers in this 
case is more effective since their primary purpose is to limit local power 
density rather than transport energy laterally along the shelf. As indicated, 
the basehne doubler weight is comparable to that shown for the heat pipe 
arrangement. The doubler approach was selected because of its simplicity. 


Pr ol>e D( .s i gn Performance 


TIu' large proix tenipc!ratur«' hi.siorit's throughout the pr<-<>niry n'i.s- 
.s i on a rr shown in figure 5~5K. As in(lit;at<'d, ilu’ de.sired minimum pre.ssure 
vessel interior temperatures are achiev<'d at entry ju.sl prior to the final 
checkout. Ihe minimum slu'lf U'njperature.s occur at the beginning of the' 

I ran.sil mi.s.sion. A.s indicated, to maintain .shelf temperature-.s above' 

("lOM''), 15 W of probe bins he'aU'r powe'r are' re'quire'd. I iu' variation of 
jiosver re'C|uired ve'r.sus minimum .slu'lf te'nipe' Crtlu re' is .sh own in Figure 5-59. 
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FIGURE 5-60. LARGE PROBE PRE-ENTRY TEMPERATURE HISTORIES 








An altiirnate design approfich was considered which could eliminate 
1 e !\y asing the solar ahsorptance of the aft cLer 

imi ’ the making the appropriate change in the heat shield s^rip- 

g, the desired entry temperature can be achieved while increasinc the oro?ie 
l: beginning of the transit mission. This orcoursl aLf 

ntails the deletion of the insulated barrier enclosing the aft end of the larae 

t rirrr6o“" temp®Ja.ur“hTlrief,ie " 

desil" reJX r„ "O I'eaK.r power. Unfortunatelv, this 

esign results in shelf temperatures approaching -18°C (OOf') durine the 

period between separation and entry, if was decided tha there was some 

durl.g'th^r.to"/ •-.para.ure even a. the low1[«/rr,t.ired 

selected. ‘ Therefore, the more conservative design approach was 

The small probe temperature histories are shown in Figure 5 61 Rat.« 
ag^tn. h«.e, power (^5 W) is required to maintain minimui\Vr\Tval tempefa- 
the = n different postseparation temperature history is shown for 

^ mall probes in that temperatures increase slightly with time rather th-n 
decrease, as shown for the large probe. This is attriLted toTe smaller 
variation in sun angle which tends to be more than offset by the increasing 

PO m o‘f Thc‘1 io“ori" ‘'/PP^-hed. The entry tem';,rrat„re des^* 

AlthougVthgfh t? ^ IS retained to favor the descent thermal control design. 

A though the battery minimum temperature margin just after separation is 

sornewtat reduced (3°C instead of 5°C as provided it entry', thi^low batterv 
load at this time makes this acceptable. battery 
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6. HARNESS SUBSYSTEM 


""’^systemforthe probe bus and orbiter consists of the 
comprised of wire bundles, connectors, and ancillarv 
hardwaie, mounted on the forward side of the equipment shelf- it provides^ 

mlX'^of subsystems. evllulHo^a^^^ 

J <28 AWG) and microminiaturrconi^ctors 

in lieu of the more conventional heavier gage wires (24 and 22 AWn\ = ^ u 

TMs'lZ! and voluLftrrc'srvingVr^udUI^^^^ 

Thxs study was limited to that portion of intercabling ierved by insulated ’ 

anSt^oir® connectors; rf cilcuitrreqJiring wav^^ 
and coax are describea in the communication subsystem section. * ® 

r<»iiaK 4 i 4 t^® tradeoff consists of savings in weight at the expense of reduced 
The ^sHm 

The estimated cost increment is significant but not excessive. «*'»*'ability. 

Weight calculations for conceptual cabling subsystems show savings 
in excess of 32 percent for both spacecraft. x « snow savings 

primarily cost versus weight, the 28 AWG/matrix 
connector combination was selected for the Thor / Delta baseline to achi JSf 
weight improvement. For the Atlas/Cencaur baseline, the 24 AWG/matr^l 
connector combination was selected to minimize cost. 

6. 1 REQUIREMENTS 



protection. TheSo character-r..ic-; m^rbr^cMelfa wh'?io“t^W 
minimum cost and maximum accessibility. This subsystem must als 2 nt.nv4-4« 

s?ste°mV^^FinL^^^^ ^'lectrical and mechanical, with all other sub- 

I Finally, the design must satisfy functional requirements of EMC 
control, magnetic field suppression, EED safety, and electrical bonding. 

K intercabling system definition, interconnect requirements 

must be known or assumed. These consist of equipments, equipm^t ronfi.z- 
uration, number and sizes of disconnects per equipment, sigLl IW Lrf ^ 
signal destination per equipment, routing paths and wire lengths. "Basic data 






‘ 1= made that the interconnection dat i wouJH l (he assumption 

.ns „„ ,,i,„ »paco vehicle “■ correspond- 

I TRADR\S 

conflict! such o^timSon'o "ant'^o*'' Pcoceding subsection are in 
ol otlun-s. In considering tradLffs P“''C"'c‘cc results in degradation 

promising with respect to fLasfbTlit fed ' scorns the most 

the field of cabling 'iiee an^wefgh Wite'!;Src''o„'' capabilities is in 

^rom accepted standard practice vvithnnf J connector size can be reduced 
Li very few circuits is copper size d^ctLldT' electrical performance, 

ing capacity considerations. Minimum wir^ ^ drop or current carry- 

most cases selected on the basis of th *‘cc Sage and connector siae are in*^ 
stand handling. •'’c -'cchanical strength required t^with- 

ose of 24 AWC ;!lre. ^!!;figh strength ToppL r‘'"uo ..chicles has been the 

minimum, in conjunction with a clf ^ conductor, as an acceptable 
An evaluation was made of the use of sr^.n ” “s subrniniamre 

miniature connectors in lieu of S^g® wire (28 AWG) and micro- 

and 22 AWG) and subm^: u're%”“:c't:rr?'‘““! 
ssnvings (Study Task EP 3). ' for weight and volumetric 

"trird^^* durability, using these 

s.trated in a Company-soonsoreH TRJi n ‘ previously been demon- 

-Mar, 1,22: «^O^Su^mrr7lt^? £I°.?rw- -- 

vendor 's data sheets, °sub^m?iiatLr^^ agreement with 

contacts on 0, 100 in. centers, and micromi^i^f a number 20 

having number 22 or smaller contir7« c i ''® ^®scribes connectors 
than this, down to 0. 050 in. Typical 0"^^ !,^ substantially less 

r^^t::;g:a“£«:"“- 

The microminiature conL'ctoJ' hTv££"'"wir£"^^ follows, 

centers presented ^significant assomhu, ut «'^lder contacts on 0. 050 in 
candidate having insertable crimp confai^ ” on° o‘*07^ compared to another 
atter connector, the Matrix Doublc-Densitv-n Jp /enters. This 
o an acceptable compromise between the submL-^^f*^^ Judged to 

clas.ses ,,f connectors, A.s its name imnlies ?I "licrorniniatur o 

burcan ho t'elidfly ^dred'us^^^^^^ H 

■ - .hose reasons. In addiiiot 'to .hc;‘^Lt“.tr:;:.': 



qualified and slated for use on ihc OSO program, this connector was selected 
as the standard for evaluation of wiring techniques in the p-robe bus and 
orldter. 

For those few leads vdtere voltage drop considerations might negate 
28 AWG, the connector can be provided with contacts as required to accept 
either 24 or 22 AWG wires. 

In the Company- sponsored program, a multiconnector harness having 
wire runs averaging three feet was constructed employing 28 AWG wire 
(Figure 6-2), To simulate the n.ost severe handling conditions, the harness 
was subjected to several rework cycles. The assembly technicians reported 
no difficulty in working with the small gage wire, either during initial fabri- 
cation or rework at the crimp type connectors as proposed for Pioneer Venus, 
and no failure modes were encountered. 

The tradeoff incurs an increase in both design and manufacturing 
costs, resulting from the development of new processes, procurement of 
new tools, and greater difficulty in handling and terminating, particularly 
where shielded wires are involved, which were not evaluated in the experi- 
mental harness. Miniaturization implies tighter, hence more costly, 
tolerances; e. g. , the tolerance on crimp indent depth for 24 AWG wire 
would be unacceptable on 28 AWG wire. The major cost increment is in the 
area of manufacturing labor costs, estimated to increase by 20 to 30 percent; 
for the probe bus, the cost delta is approximately $11,000, and for the 
orbiter, the delta is approximately $15, 600. 

The weight tradeoff, however, is significant; Table 6-1 shows, for 
28 AWG, a savings of 2. 22 kg (4. 9 lb) for the probe bus harness and 3. 21 kg 
(7. 0 lb) for the orbiter harness for Thor/Delta. 


6.3 THOR /DELTA BASELINE DESCRIPTION 

Both the probe bus and orbiter harness subsystems are comprised of 
several major harness subassemblies, mounted on the shelf with breakouts 
as required to subsystem units. Because of higher equipment density on the 
orbiter, this cabling subsystem will be larger, more complex, and weigh 
more than that provided for the probe bus. 

A conceptual cabling scheme was devised for the orbiter and probe 
bus configurations, and weights calculated with the tradeoff being 24 AWG 
versus 28 AWG, All versions employed the Matrix connector. Results are 
tabulated in Table 6 "I- and the input data was derived itsing the following 
a.ssumptions; 

• Total number of connector.s required reflects the cc'nfiguration 
of units U.S defined at the time uf the study 

• Average weight per connec'tcjr was derived (rom an rissumed riiix 
of cc'nnector sizes required 
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, • -1 .^ciuired waa based on schomallc 

• ru.no of <1.0 study 

, . . ^iro was based on structure size. eqvu,>mei 

• ■r«rnt?'a..d available routlns paths 

, VVire«ei«ht/unit length 

‘''r^'aMeldod unshielded, and multiple construct.o 
mix of blneiae achieved through 

indicates the Thor/Delta baseline 

lXrewe\g^,?.rrd°rn%TofTa-o^^ 

In a manner similar > a the Th°n^^^Urbe arranged on the equlp- 

rnmntha'iuhr/pro^ 

arrive at a weight estimate ar 
t ions; 


Minimum wire siee is 24 AWC. 

tor"the L^r^r aam^tel'eqaprnem ?he«, as 
ts wire support provisions. 

irp-nYsrorfrarvf 

figuration: 

1 . Two power amplifiers 

An X band transmitter (coaxial included in the 
communications subsystem) 


Z. 


VeUAl l****^**** , 

• V *• for lust those itenis. 

Table ™?^f,,rrnTa»r.Vunns summarises the harness 

rraemt . sties and weight ostitnate... 
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TABLE 6-1. SPACECRAFT HARNESS WEIGHT 
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